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Chapter 1 


Introduction 


The NASA Design and Analysis of Rotorcraft (NDARC) software is an aircraft system analysis tool 
intended to support both conceptual design efforts and technology impact assessments. The principal 
tasks are to design (or size) a rotorcraft to meet specified requirements, including vertical takeoff and 
landing (VTOL) operation, and then analyze the performance of the aircraft for a set of conditions. For 
broad and lasting utility, it is important that the code have the capability to model general rotorcraft 
configurations, and estimate the performance and weights of advanced rotor concepts. The architecture 
of the NDARC code accommodates configuration flexibility; a hierarchy of models; and ultimately 
multidisciplinary design, analysis, and optimization. Initially the software is implemented with low- 
fidelity models, typically appropriate for the conceptual design environment. 

An NDARC job consists of one or more cases, each case optionally performing design and analysis 
tasks. The design task involves sizing the rotorcraft to satisfy specified design conditions and missions. 
The analysis tasks can include off-design mission performance calculation, flight performance calcula- 
tion for point operating conditions, and generation of subsystem or component performance maps. For 
analysis tasks, the aircraft description can come from the sizing task, from a previous case or a previous 
NDARC job, or be independently generated (typically the description of an existing aircraft). 

The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and propulsion. 
For each component, attributes such as performance, drag, and weight can be calculated; and the 
aircraft attributes are obtained from the sum of the component attributes. Description and analysis 
of conventional rotorcraft configurations is facilitated, while retaining the capability to model novel 
and advanced concepts. Specific rotorcraft configurations considered are single main-rotor and tail- 
rotor helicopter; tandem helicopter; coaxial helicopter; and tiltrotors. The architecture of the code 
accommodates addition of new or higher-fidelity attribute models for a component, as well as addition 
of new components. 


1-1 Background 

The definition and development of NDARC requirements benefited substantially from the ex- 
periences and computer codes of the preliminary design team of the U.S. Army Aeroflightdynamics 
Directorate (AFDD) at NASA Ames Research Center. 

In the early 1970s, the codes SSP-1 and SSP-2 were developed by the Systems Research Integration 
Office (SRIO, in St. Louis) of the U.S. Army Air Mobility Research and Development Laboratory. 
SSP-1 performed preliminary design to meet specified mission requirements, and SSP-2 estimated the 
performance for known geometry and engine characteristics, both for single main-rotor helicopters 
(ref. 1). Although similar tools were in use in the rotorcraft community, these computer programs were 
independently developed, to meet the requirements of government analysis. The Advanced Systems 
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Research Office (ASRO, at Ames Research Center) of USAAMRDL produced in 1974 two Preliminary 
Systems Design Engineering (PSDE) studies (refs. 2 and 3) using SSP-1 and SSP-2. These two codes 
were combined into one code called PSDE by Ronald Shinn. 

The MIT Flight Transportation Laboratory created design programs for helicopters (ref. 4) and 
tiltrotors (ref. 5). Michael Scully, who wrote the helicopter design program and was significantly 
involved in the development of the tiltrotor design program, joined ASRO in 1975; then ideas from the 
MIT programs began to be reflected in the continuing development of PSDE. An assessment of design 
trade-offs for the Advanced Scout Helicopter (ASH) used a highly modified version of PSDE (ref. 6). 

A U.S. Department of Defense Joint Study Group was formed in April 1975 to perform an Interser- 
vice Helicopter Commonality Study (HELCOM) for the Director of Defense Research and Engineering. 
The final HELCOM study report was published in March 1976 (ref. 7). A result of this study was an 
assessment by ASRO that PSDE needed substantial development, including better mathematical models 
and better technical substantiation; more flexible mission analysis; and improved productivity for both 
design and analysis tasks. Thus began an evolutionary improvement of the code, eventually named 
RASH (after the developer Ronald A. Shinn, as a consequence of the computer system identification 
of output by the first four characters of the user name). RASH included improvements in flight per- 
formance modeling, output depth, mission analysis, parametric weight estimation, design sensitivity 
studies, off-design cases, and coding style. The code was still only for single main-rotor helicopters. 

In the early 1980s, tool development evolved in two separate directions at the Preliminary Design 
Team of ASRO. RASH was developed into the HELO (or PDPAC) code, for conventional and compound 
single main-rotor helicopters. With the addition of conversion models and wing weight-estimation 
methods (refs. 8 and 9), RASH became the TR code, for tiltrotor aircraft. The JVX Joint Technology 
Assessment of 1982 utilized the HELO and TR codes. A special version called PDABC, including 
a weight-estimation model for lift-offset rotors (ref. 10), was used to analyze the Advancing Blade 
Concept. The JVX JTA report (ref. 11) documented the methodology implemented in these codes. 

Work in support of the LHX (Light Helicopter Experimental) program from 1983 on led to a 
requirement for maneuver analysis of helicopters and tiltrotors , implemented in the MPP code (Maneuver 
Performance Program) by John Davis. The core aircraft model in MPP was similar to that in TR and 
HELO, but the trim strategy in particular was new. A design code does not require extensive maneuver 
analysis capability, but MPP had an impact on the design-code development, with the MPP performance 
and trim methods incorporated into TR87. The sizing analysis of TR88 and the aircraft flight model from 
MPP were combined into the VAMP code (VSTOL Design and Maneuver Program). VAMP combined 
the capability to analyze helicopters and tiltrotors in a single tool, although the capability of HELO to 
analyze compound helicopters was not replicated. 

In the early 1990s, the RC code (for RotorCraft) emerged from the evolution of VAMP, with John 
Preston as the lead developer (refs. 12 and 13). Some maneuver analysis capabilities from MPP were 
added, and the analysis capability extended to helicopters. The models were confirmed by comparison 
with results from TR and HELO. RC was operational by 1994, although HELO and RC continued to 
be used into the mid 1990s. RC97 was a major version, unifying the tiltrotor and helicopter analyses. 
The RC code introduced new features and capabilities, productivity enhancements, as well as coding 
standards and software configuration control. Special versions of RC were routinely produced to meet 
the unique requirements of individual projects (such as ref. 14). 

NASA, with support from the U.S. Army, in 2005 conducted the design and in-depth analysis 
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of rotorcraft configurations that could satisfy the Vehicle Systems Program technology goals (ref. 15). 
These technology goals and accompanying mission were intended to identify enabling technology for 
civil application of heavy-lift rotorcraft. The emphasis was on efficient cruise and hover, efficient 
structures, and low noise. The mission specified was to carry 120 passengers for 1200 nautical miles, at 
a speed of 350 knots and 30000-foot altitude. The configurations investigated were a Large Civil Tiltrotor 
(LCTR) , a Large Civil Tandem Compound (LCTC) , and a Large Advancing Blade Concept (LABC) . The 
results of the NASA Heavy Lift Rotorcraft Systems Investigation subsequently helped define the content 
and direction of the Subsonic Rotary Wing project in the NASA Fundamental Aeronautics program. The 
design tool used was the AFDD RC code. This investigation is an example of the role of a rotorcraft sizing 
code within NASA. The investigation also illustrated the difficulties involved in adapting or modifying 
RC for configurations other than conventional helicopters and tiltrotors, supporting the requirement for 
a new tool. 


1-2 Requirements 


Out of this history, the development of NDARC was begun in early 2007. NDARC is entirely new 
software, built on a new architecture for the design and analysis of rotorcraft. From the RC theoretical 
basis, the equations of the parametric weight equations and the Referred Parameter Turboshaft Engine 
Model were used with only minor changes. Use was also made of the RC component aerodynamic 
models and rotor performance model . The current users of RC , informed by past and recent applications , 
contributed significantly to the requirements definition. 

The principal tasks are to design (size) rotorcraft to meet specified requirements, and then analyze 
the performance of the aircraft for a set of flight conditions and missions. Multiple design requirements, 
from specific flight conditions and various missions, must be used in the sizing task. The aircraft 
performance analysis must cover the entire spectrum of the aircraft capabilities, and allow general and 
flexible definition of conditions and missions. 

For government applications and to support research, it is important to have the capability to model 
general rotorcraft configurations, including estimates of the performance and weights of advanced rotor 
concepts. In such an environment, software extensions and modifications will be routinely required 
to meet the unique requirements of individual projects, including introduction of special weight and 
performance models for particular concepts. 

Thus the code architecture must accommodate configuration flexibility and alternate models, in- 
cluding a hierarchy of model fidelity. Although initially implemented with low-fidelity models, typical 
of the conceptual design environment, ultimately the architecture must allow multidisciplinary design, 
analysis, and optimization. The component performance and engine models must cover all operat- 
ing conditions. The software design and architecture must facilitate extension and modification of the 
software. 

Complete and thorough documentation of the theory and its software implementation is essential , to 
support development and maintenance and to enable effective use and modification. Most of the history 
described previously supports this requirement by the difficulties encountered in the absence of good 
documentation. Documentation of the methodology was often prompted only by the need to substantiate 
conclusions of major technology assessments, and occasionally by the introduction of new users and 
developers. For a new software implementation of a new architectures, documentation is required from 
the beginning of the development. 
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1-3 Overview 

The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft 
to satisfy specified design conditions and missions. The analysis tasks can include off-design mission 
performance analysis, flight performance calculation for point operating conditions, and generation of 
subsystem or component performance maps. Figure 1-1 illustrates the tasks. The principal tasks (sizing, 
mission analysis, and flight performance analysis) are shown in the figure as boxes with heavy borders. 
Heavy arrows show control of subordinate tasks. 

The aircraft description (fig. 1-1) consists of all the information, input and derived, that defines 
the aircraft. The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and 
propulsion. This information can be the result of the sizing task; can come entirely from input, for a 
fixed model; or can come from the sizing task in a previous case or previous job. The aircraft description 
information is available to all tasks and all solutions (indicated by light arrows). 

The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a 
specified set of design conditions and missions. The aircraft size is characterized by parameters such as 
design gross weight, weight empty, rotor radius, and engine power available. The relationships between 
dimensions, power, and weight generally require an iterative solution. From the design flight conditions 
and missions, the task can determine the total engine power or the rotor radius (or both power and radius 
can be fixed), as well as the design gross weight, maximum takeoff weight, drive system torque limit, 
and fuel-tank capacity. For each propulsion group, the engine power or the rotor radius can be sized. 

Missions are defined for the sizing task and for the mission performance analysis. A mission 
consists of a number of mission segments, for which time, distance, and fuel bum are evaluated. For 
the sizing task, certain missions are designated to be used for design gross-weight calculations; for 
transmission sizing; and for fuel-tank sizing. The mission parameters include mission takeoff gross 
weight and useful load. For specified takeoff fuel weight with adjustable segments, the mission time 
or distance is adjusted so the fuel required for the mission (burned plus reserve) equals the takeoff fuel 
weight. The mission iteration is on fuel weight. 

Flight conditions are specified for the sizing task and for the flight performance analysis. For the 
sizing task, certain flight conditions are designated to be used for design gross-weight calculations; for 
transmission sizing; for maximum takeoff-weight calculations; and for antitorque or auxiliary-thrust 
rotor sizing. The flight-condition parameters include gross weight and useful load. 

For flight conditions and mission takeoff, the gross weight can be maximized, such that the power 
required equals the power available. 

A flight state is defined for each mission segment and each flight condition . The aircraft performance 
can be analyzed for the specified state, or a maximum effort performance can be identified. The maximum 
effort is specified in terms of a quantity such as best endurance or best range, and a variable such as 
speed, rate of climb, or altitude. The aircraft must be trimmed, by solving for the controls and motion 
that produce equilibrium in the specified flight state. Different trim-solution definitions are required for 
various flight states. Evaluating the rotor-hub forces may require solution of the blade-flap equations of 
motion. 


1-4 Terminology 


The following terminology is introduced as part of the development of the NDARC theory and 
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fixed model or 
previous job or 



software. Relationships among these terms are reflected in figure 1-1 . 

a) Job: An NDARC job consists of one or more cases. 

b) Case: Each case performs design and/or analysis tasks. The analysis tasks can include off-design 
mission performance calculation, flight performance calculation for point operating conditions, and 
generation of airframe aerodynamics or engine performance maps. 

c) Design Task: Size rotorcraft to satisfy specified set of design flight conditions and/or design missions. 
Key aircraft design variables are adjusted until all criteria are met. The resulting aircraft description can 
be the basis for mission analysis and flight performance analysis tasks. 

d) Mission Analysis Task: Calculate aircraft performance for one off-design mission. 

e) Flight Performance Analysis Task: Calculate aircraft performance for point operating condition. 

f) Mission: Ordered set of mission segments, for which time, distance, and fuel bum are evaluated. 
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Gross weight and useful load are specified for the beginning of the mission, and adjusted for fuel bum 
and useful load changes at each segment. Missions are defined for the sizing task and for the mission 
performance analysis. 

g) Flight Condition: Point operating condition, with specified gross weight and useful load. Flight 
conditions are specified for the sizing task and for the flight performance analysis. 

h) Flight State: Aircraft flight condition, part of definition of each flight condition and each mission 
segment. Flight state solution involves rotor-blade motion, aircraft trim, and perhaps a maximum-effort 
calculation. 

i) Component: The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and 
propulsion. For each component, attributes such as performance, drag, and weight are calculated. 

j) Propulsion Group: A propulsion group is a set of components and engine groups, connected by a drive 
system. An engine group consists of one or more engines of a specific type. The components define the 
power required. The engine groups define the power available. 

1-5 Analysis Units 

The code can use either English or SI units for input, output, and internal calculations. A consistent 
mass-length-time-temperature system is used, except for weight and power: 

length mass time temperature weight power 

English: foot slug second °F pound horsepower 

SI: meter kilogram second °C kilogram kiloWatt 


In addition, the default units for flight conditions and missions are: speed in knots, time in minutes, 
distance in nautical miles, and rate of climb in feet-per-minute. The user can specify alternate units for 
these and other quantities. 


1-6 Outline of Report 

This document provides a complete description of the NDARC theoretical basis and architecture. 
Chapters 3-5 describe the tasks and solution procedures, while chapters 7-17 present the models for the 
aircraft and its components. The cost model is described in chapter 6; the engine model in chapter 18; 
and the weight model in chapter 19. The accompanying NDARC Input Manual describes the use of the 
code. 
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Chapter 2 


Nomenclature 


The nomenclature for geometry and rotations employs the following conventions. A vector a; is a 
column matrix of three elements, measuring the vector relative to a particular basis (or axes, or frame). 
The basis is indicated as follows: 

a) x A is a vector measured in axes A; 

b) x EF ! A is a vector from point F to point E, measured in axes A. 

A rotation matrix C is a three-by-three matrix that transforms vectors from one basis to another: 

c) C BA transforms vectors from basis A to basis B, so x B = C BA x A . 

The matrix C BA defines the orientation of basis B relative to basis A, so it also may be viewed as rotating 
the axes from A to B. For a vector u, a cross-product matrix u is defined as follows: 


u = 


0 

u 3 

—U2 


-U 3 U 2 
0 — Ul 

U\ 0 


such that uv is equivalent to the vector cross-product u x v. The cross-product matrix enters the relation 
between angular velocity and the time derivative of a rotation matrix: 


QAB = _~AB/A C AB = (jAB-BA/B 


(the Poisson equations). For rotation by an angle a about the x, y, or z axis (1 , 2, or 3 axis), the following 


notation is used: 



0 

cos a 
— sin a 


0 

sin a 
cos a 


F a 


cos a 0 
0 1 
sin a 0 


— sin a 
0 

cos a 


cos a sin a 0 
— sin a cos a 0 
0 0 1 


Thus for example, C BA = X^YgZ^ means that the axes B are located relative to the axes A by first 
rotating by angle ip about the 2 -axis, then by angle 6 about the j/-axis, and finally by angle <p about the 
ir-axis. 




10 


Nomenclature 


Acronyms 

AFDD U.S. Army Aeroflightdynamics Directorate 

ASM available seat mile 

CAS calibrated airspeed 

CPI consumer price index 

CRP contingency rated power 

DoD Department of Defense 

ECU environment control unit 

EG engine group 

ERP emergency rated power 

FCE flight control electronics 

ICAO International Civil Aviation Organization 

IGE in-ground-effect 

IRP intermediate rated power 

IRS infrared suppressor 

ISA International Standard Atmosphere 

ISO International Organization for Standardization 

JVX Joint Vertical Experimental 

MCP maximum continuous power 

MEP mission equipment package 

MRP maximum rated power 

OEI one-engine inoperative 

OGE out-of-ground-effect 

PG propulsion group 

RPTEM referred parameter turboshaft engine model 

SDGW structural design gross weight 

SLS sea-level, standard day 

TAS true airspeed 

WMTO maximum takeoff weight 

Weights 

W D design gross weight 

We empty weight 

Wmto maximum takeoff weight 

Wsd structural design gross weight 

W G gross weight, W G = W E + W UL = W 0 + W pay + W fue i 

Wo operating weight. Wo = W E + Wful 

Wjjl useful load, Wjjl = W E ul + W pay + Wf ue i 

Wp ay payload 

Wf ue i fuel weight 

W FUL fixed useful load 

Wbum mission fuel bum 

W vi b vibration control weight 

W cont contingency weight 

X technology factor 
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Fuel Tanks 

iVauxtank number of auxiliary fuel tanks 

Vfuei— cap fuel capacity, volume 

fkaux-cap auxiliary-fuel-tank capacity 

W fuel— cap fuel capacity, maximum usable fuel weight 

Power 

N inop number of inoperative engines, engine group 

PavPG power available, propulsion group; min(X) fpPavEG , (^ P rim/^ref)J D Dsiimit) 

PavEG power available, engine group; {N eng - N inop )P av 

PreqPG power required, propulsion group; P comp + Px msn "f Pace 

PreqEG power required, engine group 

Pcomp component power required 

P x msn transmission losses 

Pace accessory power 

Pd siimit drive-system torque limit (specified as power limit at reference rotor speed) 
P Esiimit engine-shaft rating 

Pflsiimit rotor-shaft rating 

Engine 

Am* momentum drag 

F/v net jet thrust 

m mass flow (conventional units) 

N specification turbine speed 

N en g number of engines in engine group (EG) 

P eng sea-level static power available per engine at specified takeoff rating 

P av power available, installed; min(P 0 - Pi oss , P mech ) 

P a power available, uninstalled 

P req power required, installed; P q - Pi oss 

P q power required, uninstalled 

Pi oss installation losses 

Pmech mechanical power limit 

sfc specific fuel consumption, w/P (conventional units) 

SP specific power, P/m (conventional units) 

SW specific weight, P/W 

w fuel flow (conventional units) 

Tip Speed and Rotation 

N spec specification engine-turbine speed (rpm) 

r gear ratio; O dep /O prim for rotor, O spec /O prim for engine 

ktip-ref reference tip speed, propulsion group primary rotor; each drive state 

fl p ri m primary-rotor rotational speed, f! = V tip _ rei /R 

fldep dependent-rotor rotational speed, O = V tip _ rei /R 

fl S pec specification engine-turbine speed 
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Mission 

D 

dR 

E 

R 

T 

w 


mission segment distance 
mission segment range contribution 
endurance 
range 

mission segment time 
fuel flow 


Environment 

€■8 

9 

h 

T 

V 

v w 

9 

v 

P 


speed of sound 
gravitational acceleration 
altitude 

temperature, °R or °K 
wind speed 
viscosity 

kinematic viscosity 
density 

temperature, °F or °C 


Axis Systems 

A 

B 

F 

I 

V 


component aerodynamic 

component 

aircraft 

inertial 

velocity 


Geometry 

i 

L 

“^wet 

SL, BL, WL 


x/L, y/L, z/L 
x, y, z 


z 


F 


length 

reference length (fuselage length, rotor radius, or wing span) 
wetted area 

fixed input position (station line, buttline, waterline) 
positive aft, right, up; arbitrary origin 

scaled input position; positive aft, right, up; origin at reference point 

calculated position, aircraft axes; positive forward, right, down; 

origin at reference point for geometry, 

origin at center of gravity for motion and loads 

component position vector, in aircraft axes, relative reference point 
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Motion 

a^ c aircraft linear acceleration 

n load factor 

V aircraft velocity magnitude 

v^ c aircraft velocity 

V c climb velocity 

Vcai calibrated airspeed, V y/pjpo 

Vf forward velocity 

Vh horizontal velocity 

V s sideward velocity 

4> f , 6 f , ip F roll, pitch, yaw angles; orientation airframe axes F relative inertial axes 
6 V , ip v climb, sideslip angles; orientation velocity axes V relative inertial axes 

ip F turn rate 

ui^ c aircraft angular velocity 


Aerodynamics and Loads 


Cd, c.i 

C D ,C Y ,C L 
Ci, Cm, Cn 
d,y,l 

D/q 

F 

tf 

M 

5 Afy , Afg 

q 

V 

a 

P 

Sf 


section drag, lift coefficients 

component drag, side, lift force coefficients 

component roll, pitch, yaw moment coefficients 

aerodynamic drag, side, lift forces (component aerodynamic axes A) 

drag area, SC D ( S = Reference area of component) 

force 

ratio flap chord to airfoil chord, cf/c 
moment 

aerodynamic roll, pitch, yaw moments (component aerodynamic axes A) 
dynamic pressure, 1 /- 2 p\v\ 2 

component velocity relative air (including interference) 
angle of attack, component axes B relative aerodynamic axes A 
sideslip angle, component axes B relative aerodynamic axes A 
flap deflection 


Aircraft 

Aref 

C 

CAC 

D e 

DL 

L/D e 

M 

^ref 

T 

WL 

^tilt 


reference rotor area, /UA; typically projected area of lifting rotors 

component control, c = STcac + co 

aircraft control 

aircraft effective drag, P/V 

disk loading, W D /A iei 

aircraft effective lift-to-drag ratio, WV/P 

aircraft hover figure of merit, W^/W/2pA ve{ /P 

reference wing area, &'■> sum 3163 wings 

control matrix 

wing loading, W D /S iet 

tilt control variable 
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Rotor 

A disk area 

Crimean profile power mean drag coefficient, C Po = (<r/8)c dmeail Fp 

C T jo thrust coefficient divided by solidity, T/pA(QR) 2 a 

C w /a design blade loading, W/ pAV 2 ip a (Vt ip = hover tip speed) 

H, Y, T drag, side, thrust force on hub (shaft axes) 

L /D e rotor effective lift-to-drag ratio , V L / (Pj + P a ) 

M rotor hover figure of merit, Tf D v/P 

M at advancing tip Mach number 

M x , M y roll, pitch moment on hub 

Pi,P 0 , P p induced, profile, parasite power 

Q shaft torque 

R blade radius 

r direction of rotation (1 for counter-clockwise, -1 for clockwise) 

r blade span coordinate 

^design design thrust of antitorque or auxiliary thrust rotor 

W/A disk loading, W = f w W D 

(3 C , p s longitudinal, lateral flapping (tip-path plane tilt relative shaft) 

7 blade Lock number 

t] propulsive efficiency, TV/P 

k induced power factor. Pi = KPideai 

A inflow ratio 

p advance ratio 

v blade flap frequency (per-rev) 

$ 0.75 blade collective pitch angle (at 75% radius) 

6 C , 6 S lateral, longitudinal blade pitch angle) 

cr solidity (ratio blade area to disk area) 

ip blade azimuth coordinate 

Wing 

AR aspect ratio, b 2 /S 

b span 

c chord, S/b 

S area 

W/S wing loading, W = /wWd 



Chapter 3 


Tasks 


The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft 
to satisfy specified design conditions and missions. The analysis tasks can include mission performance 
analysis, flight performance calculation for point operating conditions, and generation of subsystem or 
component performance maps. 

3-1 Size Aircraft for Design Conditions and Missions 


3-1.1 Sizing Method 

The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a 
specified set of design conditions and missions. The aircraft size is characterized by parameters such as 
design gross weight (W D ) or weight empty (We), rotor radius (JR), and engine power available (P eng ). 
The relationships between dimensions, power, and weight generally require an iterative solution. From 
the design flight conditions and missions, the task can determine the total engine power or the rotor 
radius (or both power and radius can be fixed), as well as the design gross weight, maximum takeoff 
weight, drive-system torque limit, and fuel-tank capacity. For each propulsion group, the engine power 
or the rotor radius can be sized. 

a) Engine power: Determine P eng , for fixed R. The engine power is the maximum 
of the power required for all sizing flight conditions and sizing missions (typically 
including vertical flight, forward flight, and one-engine inoperative). Hence the 
engine power is changed by the ratio ma,x(P reqPG / P Q vpg) (excluding flight states for 
which zero power margin is calculated, such as maximum gross weight or maximum 
effort). This approach is the one most commonly used for the sizing task. 

b) Rotor radius: Determine R for input P eng . The maximum power required for 
all sizing flight conditions and sizing missions is calculated, and then the rotor 
radius determined such that the power required equals the input power available. 

The change in radius is estimated as R = P 0 id \/ PreqPG / PavPG (excluding flight 
states for which zero power margin is calculated, such as maximum gross weight or 
maximum effort). For multi-rotor aircraft, the radius can be fixed rather than sized 
for some rotors. 

Alternatively, P eng and R can be input rather than sized. Aircraft parameters can be determined by a 
subset of the design conditions and missions. 

a) Design gross weight W D : maximum gross weight from designated conditions 
and missions (for which gross weight is not fixed). 
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b) Maximum takeoff gross weight Wmto '• maximum gross weight from designated 
conditions (for which gross weight is not fixed). 

c) Drive-system torque limit Posiimit: maximum torque from designated conditions 
and missions (for each propulsion group; specified as power limit at reference rotor 
speed). 

d) Fuel-tank capacity Wf ue i-ca P : maximum fuel weight from designated missions 
(without auxiliary tanks). 

e) Antitorque or auxiliary-thrust rotor design thrust T design : maximum rotor thrust 
from designated conditions. 

Alternatively, these parameters can be fixed at input values. The design gross weight (W D ) can be fixed. 
The weight empty can be fixed (achieved by adjusting the contingency weight). 

A successive substitution method is used for the sizing iteration, with an input tolerance e. Relax- 
ation is applied to P eng or R, Wd , Wmto , F’csiimit > fFfuei-cap , and T design . Convergence is tested in terms 
of these parameters, and the aircraft weight empty W E . Two successive substitution loops are used. The 
outer loop is an iteration on performance: engine power or rotor radius, for each propulsion group. The 
inner loop is an iteration on parameters: Wd, Wmto, F’csiimit, fFf ue i- C ap, and Tdesign- Either loop can 
be absent, depending on the definition of the size task. 

For each flight condition and each mission, the gross weight and useful load are specified. The 
gross weight can be input, maximized, or fallout. For flight conditions, the payload or fuel weight can be 
specified, and the other calculated; or both payload and fuel weight specified, with gross weight fallout. 
For missions, the payload or fuel weight can be specified, the other fallout, and then time or distance of 
mission segments adjusted; or fuel weight calculated from mission, and payload fallout; or both payload 
and fuel weight specified (or payload specified and fuel weight calculated from mission), with gross 
weight fallout. For each flight condition and mission segment, the following checks are performed. 

a) The power required does not exceed the power available: P req PG < (1 + e)P av PG 
(for each propulsion group). 

b) The torque required does not exceed the drive-system limit: For each propulsion 
group PreqPG/fl < (l+e)P J Dsii m it/D pri m- Rotor-shaft torque and engine-shaft torque 
are also checked. 

c) The fuel weight does not exceed the fuel capacity: fkfuel < (1 + e) (fkfuel-cap + 

E -NauxtankW aux _ cap ) (including auxiliary tanks). 

These checks are performed using an input tolerance e. 

Sizing flight conditions typically include takeoff (hover or specified vertical rate-of-climb), one- 
engine-inoperative, cruise or dash, perhaps transmission, and perhaps mission midpoint hover. Sizing 
missions typically include a design mission and a mission to determine fuel-tank capacity. 

3-1.2 Component Sizing 


3-12.1 Engine Power 

The engine size is described by the power P eng , which is the sea-level static power available per 
engine at a specified takeoff rating. The number of engines N eng is specified for each engine group. 

If the sizing task determines the engine power for a propulsion group, the power P eng of at least one 
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engine group is found (including the first engine group) . The total power required is Pp G = r N eng P eng , 

where r = max(P reqPG /P avPG ). The sized power is P sized = Ppg - E&ced N engP e n g , where the sum is 
over the engine groups for which the power is fixed. Then the sized engine power is P eng = /^Psized/^eng 
for the n-th engine group (with f n an input ratio and /i = sized /« f° r the first group). 

3-1 2 2 Main Rotor 

The main-rotor size is defined by the radius R or disk loading W/A, thrust-weighted solidity a, 
hover tip speed V tip , and blade loading C w jo = W/pAVjj p o. With more than one main rotor, the disk 
loading and blade loading are obtained from an input fraction of design gross weight, W = fwW D . The 
air density p for Cw/ cr is obtained from a specified takeoff condition. 

If the rotor radius is fixed for the sizing task, three of (R or W/A), C w /o, Ki P , o are input and the 
other parameters are derived. Optionally the radius can be calculated from a specified ratio to the radius 
of another rotor. 

If the sizing task determines the rotor radius (R and W/A), then two of Cw/cr, Ki P , a are input and 
the other parameter is derived. The radius can be sized for just a subset of the rotors, with fixed radius 
for the others. The radii of all sized rotors are adjusted by the same factor. 

3-1 2 .3 Antitorque or Auxiliary-Thrust Rotor 

For antitorque and auxiliary-thrust rotors, three of (R or W/A), Cw/cr, Ki P , cr are input and the 
other parameters are derived. Optionally the radius can be calculated from a specified ratio to the radius 
of another rotor. Optionally the radius can be scaled with the main-rotor radius. The disk loading and 
blade loading are based on /' r T design , where f T is an input factor and T design is the maximum thrust from 
designated design conditions. 

3-12.4 Wing 

The wing size is defined by the wing area S or wing loading W/S, span (perhaps calculated from 
other geometry), chord, and aspect ratio. With more than one wing, the wing loading is obtained from 
an input fraction of design gross weight, W = fwW D . 

Two of the following parameters are input: area (or wing loading), span, chord, and aspect ratio; 
the other parameters are derived. Optionally the span can be calculated from the rotor radius, fuselage 
width , and clearance (typically used for tiltrotors) . Optionally the span can be calculated from a specified 
ratio to the span of another wing. 

3-12.5 Fuel Tank 

The fuel-tank capacity fK ue i_ cap (maximum usable fuel weight) is determined from designated 
sizing missions. The maximum mission fuel required, Wf ue i_ miss (excluding reserves and any fuel in 
auxiliary tanks), gives 

Wfuel —cap — max (/f ue l_ cap Wfuel — missj Wfuel —miss fKeserve) 

where /f ue i-ca P > 1 is an input factor. Alternative, the fuel-tank capacity lK ue i-ca P can be input. 

3-12.6 Weights 

The structural design gross weight Wsd and maximum takeoff weight Wmto can be input, or 
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specified as an increment d plus a fraction / of a weight W : 

rrr j . f Tjrr ( ^SDGW + /SDGW^D 

SD SDGW SDGW { dsDGW + fsDGw(W D — Wf ue l + /fuel l^fuel- cap) 

r-rr , , r f dwMTO + fwMToWo 

W MTO = d WMTO + fwMToW = | dwMTQ + fwMTo[WD _ WfaA + Wfuel- cap) 

This convention allows the weights to be input directly (/ = 0), or scaled with W D . For Wsd, W is the 
design gross weight Wo, or W D adjusted for a specified fuel state (input fraction of fuel capacity). For 
Wmto, W is the design gross weight W D , or W D adjusted for maximum fuel capacity. Alternatively, 
W M to can be calculated as the maximum gross weight possible at a designated sizing flight condition. 

3-12.7 Drive-System Rating 

The drive-system rating is defined as a power limit, Pd siimit • The rating is properly a torque limit, 
Q Dsiimit = Posiimit/^l, but is expressed as a power limit for clarity. The drive-system rating can be 
specified as follows: 

a) Input -Posiimit • 

b) From the engine takeoff power rating, P DS limit = /limit £ N eng P eng (summed over 
all engine groups). 

c) From the power available at the transmission sizing flight conditions, Posiimit = 

/limit (Href /flprim) ^2 lS eng P av (largest of all conditions). 

d) From the power required at the transmission sizing flight conditions, Pd siimit = 

/limit (Href /flprim) A eng P reo (largest of all conditions). 

with /i imit an input factor. The drive-system rating is a limit on the entire propulsion system. To account 
for differences in the distribution of power through the drive system, limits are also used for the torque 
of each rotor shaft (Pnsiimit) and of each engine group (Posiimit)- The engine-shaft rating is calculated 
as for the drive-system rating, without the sum over engine groups. The rotor-shaft rating is either input 
or calculated from the rotor power required at the transmission sizing flight conditions. The power limit 
is associated with a reference rotational speed, and when applied it is scaled with the rotational speed of 
the flight state. The rotation speed for the drive-system rating Posiimit is the hover speed of the primary 
rotor of the propulsion group (for the first drive state). The rotation speed for the engine-shaft rating 
Posiimit is the corresponding engine turbine speed. The rotation speed for the rotor-shaft rating Posi imi t 
is the corresponding speed of that rotor. 

3-2 Mission Analysis 


For the mission analysis, the fuel weight or payload weight is calculated. Power required, torque 
(drive system, engine shaft, and rotor shaft), and fuel weight are then verified to be within limits. 
Missions can be fixed or adjustable. 

3-3 Flight Performance Analysis 


For each performance flight condition, the power required is calculated or maximum gross weight 
is calculated. Power required, torque (drive system, engine shaft, and rotor shaft), and fuel weight are 
then verified to be within limits. 
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3-4 Maps 


3-4.1 Engine Performance 

The engine performance can be calculated for a specified range of power, altitude, and speed. 


3-4.2 Airframe Aerodynamics 


The airframe aerodynamic loads can be calculated for a specified range of angle of attack, sideslip 
angle, and control angles. The aerodynamic analysis evaluates the component lift, drag, and moments 
given the velocity. The aircraft velocity is here V AC = C FA (v 0 0) T ; interference velocity from the rotors 
is not considered. From the angle of attack a and sideslip angle ft, the transformation from wind axes to 
airframe axes is C FA = Y a Z_p (optionally C FA = Z_pY a can be used, for better behavior in sideward 
flight). The loads are summed in the airframe axes (with and without tail loads), and then the wind axis 
loads are: 


p A 


[ Y | = C af F f M a = [ M y ) = C af M f 

\-L ) \mJ 


The center of action for the total loads is the fuselage location 2 f use . The ratio of the loads to dynamic 
pressure is required, so a nominal velocity v = 100 (ft/sec or m/sec) and sea-level standard density are 
used. 
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Chapter 4 


Operation 


4-1 Flight Condition 


Flight conditions are specified for the sizing task and for the flight performance analysis. For each 
condition, a flight state is also defined. For the sizing task, certain flight conditions are designated 
to be used for design gross-weight calculations, for transmission sizing, for maximum takeoff-weight 
calculations, or for rotor thrust sizing. The flight-condition parameters include gross weight and useful 
load. The gross weight can be specified as follows, consistent with the sizing method: 

a) Design gross weight, W D (calculated or input). 

b) Structural design gross weight, Wsd , or maximum takeoff weight, Wmto (which 
may depend on W n ). 

c) Function of W D : W = d + fW D (with d an input weight and / an input factor). 

d) Function of W S d (W = d + f Wsd ); or function of W M to (IF = d + fW MTO ). 

e) Input W. 

f) Gross weight from specified mission segment (such as midpoint hover). 

g) Gross weight maximized, such that power required equals power available: zero 
power margin, min(P 0 „p G - P req p G ) = 0 (minimum over all propulsion groups). 

h) Gross weight maximized, such that power required equals input power: 
min((d + fP av PG ) - PreqPG) = 0 (minimum over all propulsion groups, with d an 
input power and / an input factor; this convention allows the power to be input 
directly, / = 0, or scaled with power available). 

i) Gross weight fallout from input payload and fuel weights: W G = W 0 + W pay + 

Wf uel . 

Only the last three options are available for W D design conditions in the sizing task. The gross weight 
can be obtained from a mission segment only for the sizing task. Optionally the altitude can be obtained 
from the specified midpoint mission segment. The secant method or the method of false position is used 
to solve for the maximum gross weight. A tolerance e and a perturbation A are specified. 

The useful load can be specified as follows, consistent with the sizing method and the gross-weight 
specification. 

a) Input payload weight W pay , fuel-weight fallout: tF fue i = W G - W 0 - W pay . 

b) Input fuel weight Wf ue i, payload- weight fallout: W pay = W G - Wo - Wf ue i. 

c) Input payload and fuel weights, gross-weight fallout (must match gross-weight 
option): W G = W Q + W pay + W fue i. 

The input fuel weight is TFf ue i = min(df ue i -1- ^fueilFf ue i_ ca p, lFf ue i_ cap ) -(■ / ^ -'Vu.x’ank^'aux cap- Forfallout 
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fuel weight, -/V auxtan k is adjusted (optionally only increased). If the auxiliary tank weight is greater than 
the increment in fuel weight needed, then the fallout fuel weight Wf ue i = W G - Wo - W pay can not 
be achieved; in such a case, the fuel weight is capped at the maximum fuel capacity and the payload 
weight adjusted instead. The fixed useful load can have increments, including crew-weight increment; 
fumishings-weight increment; and installed folding, wing extension, and other kits. These increments 
are reflected in the fallout weight. 


4—2 Mission 

Missions are defined for the sizing task and for the mission performance analysis. A mission 
consists of a specified number of mission segments. A flight state is defined for each mission segment. 
For the sizing task, certain missions are designated to be used for design gross-weight calculations, 
for transmission sizing, or for fuel-tank sizing. The mission parameters include mission takeoff gross 
weight and useful load. The gross weight can be specified as follows, consistent with the sizing method: 

a) Design gross weight, W D (calculated or input). 

b) Structural design gross weight, Ws d , or maximum takeoff weight, Wmto (which 
may depend on W D ). 

c) Function of W D \ W = d + fW D (with d an input weight and / an input factor). 

d) Function of Wsd,W = d + fWgD', or function of W M to, W = d + fW M ro- 

e) Input W. 

f) Gross weight maximized at specified mission segments, such that power required 
equals power available: zero power margin, min(P 0 „po - P r egPG ) = 0 (minimum 
over all propulsion groups). 

g) Gross weight maximized at specified mission segments, such that power required 
equals input power: min( (d + fP av p G ) - PreqPG ) = 0 (minimum over all propulsion 
groups, with d an input power and / an input factor; this convention allows the 
power to be input directly, / = 0, or scaled with power available). 

h) Gross-weight fallout from input initial payload and fuel weights: W G = Wo 4- 
W pay + Wf ue i. 

i) Gross-weight fallout from input initial payload weight and calculated mission fuel 
weight: W G = W 0 + W pay + W fue i. 

If maximum gross weight is specified for more than one mission segment, then the minimum takeoff 
gross-weight increment is used, so the power margin is zero for the critical segment and positive for 
other designated segments. Only the last four options are available for Wd design conditions in the 
sizing task. The secant method or the method of false position is used to solve for the maximum gross 
weight. A tolerance e and a perturbation A are specified. 

The useful load can be specified as follows, consistent with the sizing method and the gross-weight 
specification: 

a) Input initial payload weight W pay , fuel-weight fallout: W fue i = W G - W 0 - W pay . 

b) Input fuel weight Wf ue i , initial payload- weight fallout: W pay = W G - Wo - Wf ue i . 

c) Calculated mission-fuel weight, initial payload-weight fallout: W pay = W G - 

Wo -Wfuei. 

d) Input payload and fuel weights, takeoff gross- weight fallout (must match gross- 
weight option): W G = W Q + W pay + Wf ue i. 
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e) Input payload weight and calculated mission fuel weight, takeoff gross-weight 
fallout (must match gross-weight option): Wg = Wo + W pay + Wf ue i. 

The input fuel weight is 1 1 "fuel — min(df ue i -j- /fueilkfuei— cap) Ikfuei— cap) T ) ) I^auxtankfFaux cap* If the 
fuel weight is not calculated from the mission, then the mission is adjusted. The fixed useful load can 
have increments, including installed folding kits; other increments are specified for individual mission 
segments. 

The takeoff gross weight is evaluated at the start of the mission, perhaps maximized for zero power 
margin at a specified mission segment (either takeoff conditions or midpoint). Then the aircraft is flown 
for all segments . For calculated mission fuel weight, the fuel weight at takeoff is adjusted to equal the fuel 
required for the mission (burned plus reserve) . For specified takeoff fuel weight with adjustable segments , 
the mission time or distance is adjusted so the fuel required for the mission (burned plus reserve) equals 
the takeoff fuel weight. The mission iteration is thus on mission fuel weight. Range credit segments 
(described at the end of this section) can also require an iteration. A successive substitution method 
is used if an iteration is required, with a tolerance c specified. The iteration to maximize takeoff gross 
weight could be an outer loop around the mission iteration, but instead it is executed as part of the mission 
iteration. At the specified mission segment, the gross weight is maximized for zero power margin, and 
the resulting gross-weight increment added to the takeoff gross weight for the next mission iteration. 
Thus takeoff gross weight is also a variable of the mission iteration. 

Each mission consists of a specified number of mission segments. The following segment types 
can be specified: 

a) Taxi or warm-up (fuel burned but no distance added to range). 

b) Distance: fly segment for specified distance (calculate time). 

c) Time: fly segment for specified time (calculate distance). 

d) Hold: fly segment for specified time (loiter, so fuel burned but no distance added 
to range). 

e) Climb: climb or descend from present altitude to next segment altitude (calculate 
time and distance). 

f) Spiral: climb or descend from present altitude to next segment altitude; fuel 
burned but no distance added to range. 

For each mission segment a payload weight can be specified; or a payload weight change can be specified, 
as an increment from the initial payload or as a fraction of the initial payload. 

The number of auxiliary fuel tanks can change with each mission segment: Aauxtank is adjusted 
based on the fuel weight (optionally only increased relative to the input number at takeoff, optionally fixed 
during mission) . For input fuel weight, AT auxtank is specified at takeoff. For fallout fuel weight, the takeoff 
fuel weight is adjusted for the auxiliary-fuel-tank weight given A auxtank (fixed Wq - W pay = Wo + Wf ue i) . 
If the auxiliary-tank weight is greater than the increment in fuel weight needed, then the fallout fuel 
weight Wfuei = Wg - Wo - W pay can not be achieved; in such a case, the fuel weight is capped at the 
maximum fuel capacity and the takeoff payload weight adjusted instead. For fuel-tank design missions, 
Aauxtank and fuel-tank capacity is determined from Wf ue i. Optionally the aircraft can refuel (either on 
the ground or in the air) at the start of a mission segment, by either filling all tanks to capacity or adding 
a specified fuel weight. Optionally fuel can be dropped at the start of a mission segment. The fixed 
useful load can have adjustments, including crew-weight increment; fumishings-weight increment; and 
installed wing extension and other kits. 
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For calculation of the time or distance in a mission segment, a headwind or tailwind can be specified. 
The wind velocity is a linear function of altitude h: V w = ±(max(0, dw in d + /windh)), with the plus sign 
for a headwind and the minus sign for a tailwind. For example, Califomia-to-Hawaii 85 th percentile 
winter quartile headwind profile is V w = 9.59 + 0.00149h (with altitude h in ft). 

Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be 
defined in terms of specific mission segments, for example 200 miles plus 20 minutes at speed for best 
endurance. Fuel reserves can be an input fraction of the fuel burned by all (except reserve) mission 
segments, so Wf ue i = (1 + / res )lFburn- Fuel reserves can be an input fraction of the fuel capacity, so 
Wf ue i = Wbum + /reslFfuei-cap- If more than one criterion for reserve fuel is specified, the maximum 
reserve is used. Time and distance in reserve segments are not included in endurance and range. 

To facilitate specification of range, range calculated for a group of segments (typically climb and 
descent segments) can be credited to a designated distance segment. For mission analysis, missions can 
be fixed or adjustable. In an adjustable mission, the fuel is input, so the time or distance in specified 
segments is adjusted based on the calculated fuel burned. If more than one segment is adjusted, all must 
be distance or all must be time or hold. Each segment can have only one special designation: reserve, 
adjustable, or range credit. 

A segment with a large distance, time, or altitude change can be split into several segments, for 
more accurate calculation of the performance and fuel burned. The number of segments n can be input 
or calculated from an input increment A: n = [x/ A] + 1, where the brackets indicate integer truncation 
and x is the total distance, time, or altitude change. Then the change for each split segment is A = x/n. 

Table 4-1 summarizes the time T, distance D, and range dR calculations for each segment. The 
segment fuel burned is dWy )nrn = Tw, where w is the fuel flow. The horizontal velocity is V/,, and the 
vertical velocity (climb or descent) is V c . The altitude at the start of the segment is h, and at the end 
of the segment (start of next segment) /i Krid . The wind speed is V w , and the ground speed is V h -V w . 
In an adjusted mission, the distances or times are changed at the end of the mission such that the sum 
of the fuel-burned increments will equal the difference between takeoff fuel weight (plus any added 
fuel) and the calculated mission fuel: = J2d)dT = J2^dD/(Vh - V w ) = AWf ue i. The 

increments are apportioned among the adjusted segments by the factor /, determined from the ratio of 
the input distances or times: dD = fAD or dT = /AT. Hence AD = AW fue i/( fw/(,Vh - W )) or 
AT = AWf ue i/( Yt, fw) ■ For a segment that is a source of range credit, the range increment is set to zero 
and the distance D is added to -D ot her of the destination segment. For the destination segment, the range 
contribution remains fixed at the input value, but the time and hence fuel burned are calculated from 
(dist - Tether)- It is necessary to separately accumulate D ot her from earlier segments and D ot her from 
later segments; D othei from later segments are estimated initially from the last iteration. At the end of 
the mission, the times and fuel burned are recalculated for all range credit destination segments. 

The segment time, distance, and fuel burned are evaluated by integrating over the segment duration. 
This integration can be performed by using the horizontal velocity, climb velocity, and fuel flow obtained 
for the flight state with the gross weight and altitude at the start of the segment, or at the middle of the 
segment, or the average of the segment start and segment end values (trapezoidal integration). The gross 
weight at the segment middle equals the gross weight at the segment start, less half the segment fuel 
burned (obtained from the previous mission iteration). The gross weight at the segment end equals the 
gross weight at the segment start, less the segment fuel burned. With trapezoidal integration, for the 
output the flight state is finally evaluated at the segment middle. 
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Table 4-1. Mission segment calculations. 


Segment kind 

TimeT 

Distance D 

Range dR 

taxi 

time 

0 

D 

distance 

D/(V h - V w ) 

dist 

D 

time 

time 

T(V h - V w ) 

D 

hold 

time 

0 

D 

climb 

( h foend )/^c 

T(V h - V w ) 

D 

spiral 

( h ^end )/^c 

0 

D 

range credit 
source 

T 

D 

0 

destination 

D/(V h - V w ) 

(list -^other 

dist 

adjusted 

distance 

T + dD/{V h -V w ) 

D + dD = D + fAD 

-^new 

time 

T + dT = T + /AT 

D + dT(V h - V w ) 

-^new 

hold 

T + dT = T + /AT 

0 

-^new 


The mission endurance (block time), range, and fuel burned are E = X)T, R = J^dR, Wbum = 
X) dWbum (sum over all non-reserve segments). The reserve fuel from mission segments is W res = 
X)dWbum (sum over all reserve segments). Optionally the reserve fuel is the maximum of that from 
mission segments and the fraction / res Wbum, or the fraction /resWfuei-cap- The calculated mission fuel 
is then W fue i = W b urn + fkres- 


4-3 Takeoff Distance 

The takeoff distance can be calculated, either as ground run plus climb to clear an obstacle or 
accelerate-stop distance in case of engine failure. The obstacle height h Q is typically 35 ft for commercial 
transport aircraft, or 50 ft for military aircraft and general aviation. This calculation allows determination 
of the balanced field length: engine failure at critical speed, such that the distance to clear the obstacle 
equals the distance to stop. Landing and VTOL takeoff calculations are not implemented, as these are 
best solved as an optimal control problem. 

The takeoff distance consists of a ground run, from zero ground speed to liftoff speed V LO , perhaps 
including engine failure at speed V E f\ then rotation, transition, and climb; or decelerate to stop. Figure 
4-1 describes the elements of the takeoff distance and the accelerate-stop distance, with the associated 
speeds. The ground is at angle 7 g relative to the horizontal (inertial axes), with 7 c positive for takeoff up 
hill. The takeoff profile is defined in terms of ground speed or climb speed, input as calibrated airspeed 
(CAS). The aircraft speed relative to the air is obtained from the ground speed, wind, and ground slope. 
The aircraft acceleration as a function of ground speed is integrated to obtain the ground distance, as 
well as the time, height, and fuel burned. Usually the speed increases from the start to liftoff (or engine 
failure), but the calculated acceleration depends on the flight-state specification. The analysis checks 
for consistency of the input velocity and the calculated acceleration (on the ground) and for consistency 
of the input height and input or calculated climb angle (during climb). 

The takeoff profile consists of a set of mission segments. The first segment is at the start of the 
takeoff, V = 0. Subsequent segments correspond to the ends of the integration intervals. The last 
segment has the aircraft at the required obstacle height, or stopped on the ground. The mission can 
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consist of just one takeoff; more than one takeoff; or both takeoff and non-takeoff segments. Takeoff 
segments contribute to the mission fuel burned, but do not contribute to the mission time, distance, or 
range. The takeoff-distance calculation is performed for a set of adjacent segments, the first segment 
specified as the takeoff start, and the last segment identified as before a non-takeoff segment or before 
another takeoff start. The takeoff distance is calculated if a liftoff segment (with Vlo ) is specified; 
otherwise the accelerate-stop distance is calculated. Table 4-2 summarizes the mission segments for 
takeoff calculations. There can be only one liftoff, engine failure, rotation, and transition segment (or 
none). The engine-failure segment must occur before the liftoff segment, and rotation and transition 
segments must be after liftoff. All ground-run segments must be before liftoff, and all climb segments 
must be after liftoff. Takeoff segments (except start, rotation, and transition) can be split, in terms 
of height for climb and velocity for other segments. Splitting the takeoff or engine-failure segment 
produces additional ground-run segments. Separately defining multiple ground run, climb, or brake 
segments allows configuration variation during the takeoff. 


Table 4-2. Mission segments for takeoff calculation. 


Takeoff distance 


Accelerate-stop distance 

start 

V = Q 

start 

V = 0 

ground run 

V 

ground run 

V 

engine failure 

Vef 

engine failure 

Vef 

ground run 

V 

brake 

V 

liftoff 

Vlo 

brake 

u = o 

rotation 

Vr 



transition 

Utr 



climb, to h 

Vcl 



climb, to h„ 

Vcl 




Each takeoff segment requires that the flight state specify the appropriate configuration, trim option, 
and maximum effort. In particular, the number of inoperative engines for a segment is part of the flight- 
state specification, regardless of whether or not an engine-failure segment is defined. The engine-failure 
segment (if present) serves to implement a delay in decision after failure: for a time ti after engine 
failure, the engine rating, power fraction, and friction of the engine-failure segment are used (so the 
engine-failure segment corresponds to conditions before failure). The number of inoperative engines 
specified must be consistent with the presence of the engine-failure segment. The takeoff is assumed 
to occur at fixed altitude (so the maximum-effort variable can not be altitude). The flight-state velocity 
specification is superseded by the ground or climb speed input for the takeoff segment. The flight-state 
height above ground-level specification is superseded by the height input for the takeoff segment. 

The ground distance, time, height, and fuel burned are calculated for each takeoff segment. The 
takeoff distance or accelerate-stop distance is the sum of the ground distance of all segments. Takeoff 
segments do not contribute to mission time, distance, or range. 

4-3.1 Ground Run 

The takeoff starts at zero ground speed and accelerates to liftoff ground speed Vlo (input as CAS). 
Possibly an engine failure speed V E f < Vlo is specified. Start, liftoff, and engine-failure segments 
designate events, but otherwise are analyzed as ground-run segments. The decision speed V\ is t\ 
seconds after engine failure (typically t\ = 1 to 2 sec). Up to ti after engine failure, conditions of 
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ground V=0 V EF V, 

speed 


stop 


i 


V=0 


Figure 4-1 . Takeoff distance and accelerate-stop distance elements. 


the engine-failure segment are used (so the engine-failure segment corresponds to conditions before 
failure). The aircraft acceleration is obtained from the thrust minus drag (T - D in airplane notation), 
plus a friction force proportional to the weight on the wheels (W - L in airplane notation): 


Ma = T - D - »{W - L) =Y J F*~ 


from the force components in ground axes (rotated by the ground-slope angle 7 g from inertial axes). 
Table 4-3 gives typical values of the friction coefficient t u. The velocity of the aircraft relative to the 
air is obtained from the ground velocity V, wind velocity V w (assumed parallel to the ground here), 
and the ground slope: 14 = (V + V w ) cos 7 g and V c = (V + V w ) sin 7 c. The takeoff configuration is 
specified, including atmosphere, in-ground-effect, gear down, power rating, nacelle tilt, flap setting, 
and number of inoperative engines. An appropriate trim option is specified, typically fixed attitude 
with longitudinal force trimmed using collective, for a given longitudinal acceleration. Perhaps the net 
aircraft yaw moment is trimmed with the pedal. The maximum-effort condition is specified: maximum 
longitudinal acceleration (ground axes) for zero power margin. The aircraft acceleration as a function 
of ground speed is integrated to obtain the segment time, ground distance, height, and fuel burned: 
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ha = 0 

«G = [*,<*= y. 

^ seg 

Trapezoidal integration is used; each segment corresponds to the end of an integration integral. 


Table 4-3. Typical friction coefficient /z. 


surface 

rolling 

braking 

dry and hard 

0.03-0.05 

0.30-0.50 

grass 

0.08 

0.20 

ice 

0.02 

0.06-0.10 


4-3 2 Brake 

After engine failure, the aircraft can decelerate to a stop. The operating engines are at idle. Reverse 
thrust is not permitted for the accelerate-stop distance calculation. The braking configuration is specified. 
Typically no trim option is executed; rather the aircraft has fixed attitude with controls for zero rotor 
thrust (such as zero collective and pedal). The aircraft acceleration as a function of ground speed is 
integrated, as for ground run. 


4-33 Rotation 

Rotation occurs at speed V R ; usually V R = Flo is used. The duration t R is specified; then s R = V R t R , 
h R = 0, and w R = Wft R are the ground distance, height, and fuel burned. Typically t R = 1 to 3 sec. 


4-3.4 Transition 


Transition from liftoff to climb is modeled as a constant load factor pull-up to the specified climb 
angle 7, at speed V TR . Usually V TR = Vlo is used, and typically n TR = 1.2. From the load factor n TR = 
1 + Vt R /9Rt R , the flight-path radius is R tr = V RR /(g(n TR - 1)) and the pitch rate is 0 = V tr /Rt R . 
Then 


tTR = 7/0 = 7 

St R = Rtr sin 


Rt R 

Vt R 

7 


Vt R 

ry 

— 1) 


h TR = R T r( 1 - cos 7) 


WTR = WftTR 

are the time, ground distance, height, and fuel burned. 


4-3.5 Climb 

Climb occurs at angle 7 relative to the ground and air speed V C l, from the transition height h TR 
to the obstacle height h a (perhaps in several climb segments). The climb configuration is specified, 
including atmosphere, in-ground-effect, gear down or retracted, power rating, nacelle tilt, flap setting, 
and number of inoperative engines. An appropriate trim option is specified, typically aircraft force and 
moment trimmed with attitude and controls. The climb angle and air speed can be fixed or a maximum- 
effort condition can be specified. The maximum-effort options are fixed air speed and maximum rate of 
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climb for zero power margin; or airspeed for best climb rate or best climb angle with maximum rate of 
climb for zero power margin. Not implemented is a maximum-effort calculation of maximum flight-path 
acceleration for zero power margin and specified climb angle; this calculation would require integration 
of the acceleration as a function of flight speed. For the climb segment, the input Vcl is the magnitude 
of the aircraft velocity relative to the air, and the climb angle relative to the horizontal is = 7 ± 7g- 
Hence from the maximum-effort calculation, the climb angle relative to the ground is 7 = 6y - jg and 
the ground speed is ground = Vcl cos 7 - V w (from the wind speed V w ). Then 


tcL = Scl/V { ground 
SCL = {h- blast)/ tan 7 

hcL = h 
WCL = WftcL 

are the time, ground distance, height, and fuel burned. 

4—4 Flight State 


A flight state is defined for each flight condition (sizing-task design conditions and flight perfor- 
mance analysis) and for each mission segment. The following parameters are required: 

a) Speed: flight speed and vertical rate of climb, with the following options: 

1 ) Specify horizontal speed (or forward speed or velocity magnitude) , rate 
of climb (or climb angle), and sideslip angle. 

2) Hover or vertical flight (input vertical rate of climb; climb angle 0 or 
±90 degrees). 

3) Left or right sideward flight (input velocity and rate of climb; sideslip 
angle ±90 degrees). 

4) Rearward flight (input velocity and rate of climb; sideslip angle 180 
degrees). 

b) Aircraft motion. 

1) Pitch and roll angles (Aircraft values or flight-state input; initial values 
for trim variables, fixed otherwise). 

2) Turn, pull-up, or linear acceleration. 

c) Altitude: For mission segment, optionally input, or from last mission segment; 
climb segment end altitude from next segment. 

d) Atmosphere: 

1) Standard day at specified altitude. 

2) Standard day plus temperature increment. 

3) Standard day and specified temperature. 

4) Input density and temperature. 

5) Input density, speed of sound, and viscosity. 

e) Height of landing gear above ground level. Landing gear state (extended or 
retracted) . 
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f) Aircraft control state: input; or conversion schedule. 

g) Aircraft control values (Aircraft values or flight-state input; initial values for trim 
variables, fixed otherwise). 

h) Aircraft center-of-gravity position (increment or input value). 

For each propulsion group, the following parameters are required: 

i) Drive-system state. 

j) Rotor tip speed for primary rotor: 

1) Input. 

2) Reference. 

3) Conversion schedule or function speed. 

4) Default for hover, cruise, maneuver, OEI, or transmission sizing con- 
dition. 

5) From input C T /a = to- fiti , or /i, or M at (where fi is the rotor advance 
ratio and M at is the rotor advancing tip Mach number). 

And for each engine group of each propulsion group: 

k) Number of inoperative engines. 

l) Infrared suppressor state: off (hot exhaust) or on (suppressed exhaust). 

m) Engine rating and fraction of rated engine power available. 

Aircraft and rotor performance parameters for each flight state: 

0) Aircraft drag: forward-flight drag increment, accounting for payload aerodynam- 
ics. 

р) Rotor performance: induced power factor k and profile power mean c d . 

The aircraft trim state and trim targets are also specified. 

The aircraft performance can be analyzed for the specified state, or a maximum-effort performance 
can be identified. For the maximum effort, a quantity and variable are specified. The available maximum- 
effort quantities include: 

a) Best endurance: maximum 1/w. 

b) Best range: 99% maximum V/w (high side); or low side; or 100%. 

с) Best climb or descent rate: maximum V z or 1/P. 

d) Best climb or descent angle: maximum V z /Vh or V/P. 

e) Ceiling: maximum altitude. 

f) Power limit: zero power margin, min(_P QU p G - P req PG) = 0 (minimum over all 
propulsion groups). 

g) Torque limit: zero torque margin, min(<2ii m it - Q req ) = 0 (minimum over all 

propulsion groups, engine groups, and rotors; expressed as power at reference 

rotation speed). 

h) Wing stall: zero wing-lift margin, C Lmax — Cl = 0 (for designated wing). 

1) Rotor stall: zero rotor-thrust margin, (Cp/c 7) max - Cr/cr = 0 (for designated rotor, 
steady or transient limit). 

Here w is the aircraft fuel flow and P the aircraft power. The available maximum-effort variables include: 
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a) Horizontal velocity 14 or vertical rate of climb V z (times an input factor). 

b) Aircraft altitude. 

c) Aircraft angular rate, 9 (pull-up) or ip (turn). 

d) Aircraft linear acceleration (airframe, inertial, or ground axes). 

If the variable is velocity, first the velocity is found for the specified maximum effort; then the performance 
is evaluated at that velocity times an input factor. For endurance, range, or climb, the slope of the quantity 
to be maximized must be zero; hence in all cases the target is zero. The slope of the quantity is evaluated 
by first-order backward difference. For the range, first the variable is found such that V/w is maximized 
(slope zero); then the variable is found such that V/w equals 99% of that maximum. Two maximum 
effort quantity/variable pairs can be specified, and solved in nested iterations. The secant method or 
the method of false position is used to solve for the maximum effort. The task of finding maximum 
endurance, range, or climb is usually solved using the golden-section method. A tolerance e and a 
perturbation A are specified. 

Given the gross weight and useful load (from the flight condition or mission specification), the 
performance is calculated for this flight state. The calculated state information includes weight, speed 
and velocity orientation (climb and sideslip) , aircraft Euler angles , rotor tip speeds , and aircraft controls . 

The aircraft weight statement defines the fixed useful load and operating weight for the design 
configuration. For each flight state, the fixed useful load may be different from the design configuration, 
because of changes in auxiliary-fuel-tank weight or kit weights or increments in crew or furnishings 
weights. Thus the fixed useful-load weight is calculated for the flight state; and from it the useful-load 
weight and operating weight. The gross weight, payload weight, and usable-fuel weight (in standard 
and auxiliary tanks) completes the weight information for the flight state. 

4—5 Environment and Atmosphere 


The aerodynamic environment is defined by the speed of sound c s , density p, and kinematic viscosity 
v = p/p of the air (or other fluid). These quantities can be obtained from the standard day (International 
Standard Atmosphere), or input directly. The following options are implemented: 

a) Input the altitude /i geom and a temperature increment AT. Calculate the tempera- 
ture and pressure for the standard day, add AT, and then calculate the density from 
the equation of state for a perfect gas. Calculate the speed of sound and viscosity 
from the temperature. 

b) Input the pressure altitude /i geom and the temperature r (°F or °C). Calculate the 
pressure for the standard day, and then the density from the equation of state for a 
perfect gas. Calculate the speed of sound and viscosity from the temperature. 

c) Input the density p and the temperature t (°F or °C). Calculate the speed of sound 
and viscosity from the temperature. 

d) Input the density p, sound speed c s , and viscosity p. Calculate the temperature 
from the sound speed. 

Here h geom is the geometric altitude above mean sea level. 

The International Standard Atmosphere (ISA) is a model for the variation with altitude of pressure. 
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temperature, density, and viscosity, published as International Standard ISO 2533 by the International 
Organization for Standardization (ISO) (ref. 1). The ISA is intended for use in calculations and design 
of flying vehicles, to present the test results of flying vehicles and their components under identical 
conditions, and to allow unification in the field of development and calibration of instruments. The ISA 
is defined up to 80 kilometer geopotential altitude and is identical to the ICAO Standard Atmosphere up 
to 32 kilometers. 

Dry air is modeled in the ISA as a perfect gas with a mean molecular weight, and hence a gas 
constant R, defined by adopted values for sea-level pressure, temperature, and density (p 0 , T 0 ,p 0 ). The 
speed of sound at sea level c s0 is defined by an adopted value for the ratio of specific heats 7. The variation 
of temperature with geopotential altitude is defined by adopted values for vertical temperature gradients 
(lapse rates. Lb) and altitudes (hb). The variation of pressure with geopotential altitude is further defined 
by an adopted value for the standard acceleration of free-fall (g). The variation of dynamic viscosity p 
with temperature is defined by adopted values for Sutherland’s empirical coefficients (3 and S. 

The ISA consists of a series of altitude ranges with constant lapse rate Lb (linear temperature change 
with altitude). Thus at altitude h, the standard day temperature is 


Tstd =Tb + Lb(h — hb) 


for h> hb. The altitude ranges and lapse rates are given in table 4-4. Note that ho is sea level, and hi is 
the boundary between the troposphere and the stratosphere. This altitude h is the geopotential height, 
calculated assuming constant acceleration due to gravity. The geometric height h geo m is calculated using 
an inverse square law for gravity. Hence h = rh geom /(r + h geom ), where r is the nominal radius of 
the Earth. The standard-day pressure is obtained from hydrostatic equilibrium (dp = -pgdh) and the 
equation of state for a perfect gas (p = pRT, so dp/p — -( g/RT)dh ). So in isothermal regions (L b — 0) 
the standard-day pressure is 

Artd = e -(g/RT)(h-h b ) 

Pb 


and in gradient regions (L b ^ 0) 


Pstd 

Pb 


© 


-g/RL b 


where pb is the pressure at h h , obtained from these equations by working up from sea level. Let T 0 , 
Po, p 0 , c s q , po be the temperature, pressure, density, sound speed, and viscosity at sea-level standard 
conditions. Then the density, sound speed, and viscosity are obtained from 


P = Po 
C-s — C s q 


1* = P'0 



( (T/Tpf/ 2 \ 
\a(T/T 0 ) + l-a) 


where p 0 = /3Tq /2 /(T 0 + S) and a = T 0 /(T 0 + S). For the cases using input temperature, T = T zero + t. 
The density altitude and pressure altitude are calculated for reference. From the density and the standard 
day (troposphere only), the density altitude is: 



(±) 


l/{g/R\L 0 \-l) 



Operation 33 

From the pressure p = pRT and the standard day, the pressure altitude is: 

T q ( / p j 1 \ V(s/-R|-ko|) 

P \Lo\ \ VPo T 0 ) 

The required parameters are given in table 4-5, including the acceleration produced by gravity, g. The 
gas constant is R = po/poTo, and go is actually obtained from S and ft. The ISA is defined in SI units. 
Although table 4-5 gives values in both SI and English units, all the calculations for the aerodynamic 
environment are performed in SI units. As required, the results are converted to English units using the 
exact conversion factors for length and force. 

The gravitational acceleration g can have the standard value or an input value. 


Table 4-4. Temperatures and vertical temperature gradients. 

level 


base altitude h b 
km 

lapse rate L b 
°K/km 

temperature T b 
°K 


troposphere 

-2 

-6.5 

301.15 

0 

troposphere 

0 

-6.5 

288.15 

1 

tropopause 

11 

0 

216.65 

2 

stratosphere 

20 

+1.0 

216.65 

3 

stratosphere 

32 

+2.8 

228.65 

4 

stratopause 

47 

0 

270.65 

5 

mesosphere 

51 

-2.8 

270.65 

6 

mesosphere 

71 

-2.0 

214.65 

7 

mesopause 

80 

0 

196.65 


Table 4-5. Constants adopted for calculation of the ISA. 


parameter 

SI units 

English units 


units h 

m 

ft 



units r 

°C 

°F 



m per ft 


0.3048 



kg per lbm 


0.45359237 



To 

288.15 °K 

518.67 °R 



T 

zero 

273.15 °K 

459.67 °R 



Po 

101325.0 N/m 2 

2116.22 lb/ft 2 


Po 

1 .225 kg/m 3 

0.002377 slug/ft 3 


CsO 

340.294 m/sec 

11 16.45 ft/sec 


Po 

1.7894E-5 kg/m-sec 

3.7372E-7 slug/ft-sec 


s 

1 10.4 °K 




p 

1.458E-6 




7 

1.4 




9 

9.80665 m/sec 2 

32.17405 ft/sec 2 


r 

6356766 m 

20855531 ft 
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4—6 References 

1) International Organization for Standardization: Standard Atmosphere. ISO 2533-1975(E), May 
1975. 
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Solution Procedures 


The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft 
to satisfy specified design conditions and missions. The analysis tasks can include off-design mission 
performance analysis, flight performance calculation for point operating conditions, and generation of 
subsystem or component performance maps. Figure 5-1 illustrates the tasks. The principal tasks (sizing, 
mission analysis, and flight performance analysis) are shown in the figure as boxes with dark borders. 
Dark arrows show control of subordinate tasks. 

The aircraft description (fig. 5-1) consists of all the information, input and derived, that defines 
the aircraft. The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and 
propulsion. This information can be the result of the sizing task; can come entirely from input, for a 
fixed model; or can come from the sizing task in a previous case or previous job. The aircraft description 
information is available to all tasks and all solutions (indicated by light arrows). 

Missions are defined for the sizing task and for the mission performance analysis. A mission consists 
of a specified number of mission segments, for which time, distance, and fuel bum are evaluated. For 
specified takeoff fuel weight with adjustable segments, the mission time or distance is adjusted so the 
fuel required for the mission (burned plus reserve) equals the takeoff fuel weight. The mission iteration 
is on fuel weight. 

Flight conditions are specified for the sizing task and for the flight performance analysis. 

For flight conditions and mission takeoff, the gross weight can be maximized such that the power 
required equals the power available. 

A flight state is defined for each mission segment and each flight condition . The aircraft performance 
can be analyzed for the specified state, or a maximum-effort performance can be identified. The 
maximum effort is specified in terms of a quantity such as best endurance or best range, and a variable 
such as speed, rate of climb, or altitude. The aircraft must be trimmed, by solving for the controls 
and motion that produce equilibrium in the specified flight state. Different trim-solution definitions are 
required for various flight states. Evaluating the rotor hub forces may require solution of the blade-flap 
equations of motion. 

The sizing task is described in more detail in chapter 3; the flight condition, mission, and flight- 
state calculations are described in chapter 4; and the solution of the blade-flap equations of motion is 
described in chapter 1 1 . The present chapter provides details of the solution procedures implemented 
for each iteration of the analysis. 

The nested iteration loops involved in the solution process are indicated by the subtitles in the 
boxes of Figure 5-1 and illustrated in more detail in Figure 5-2. The flight-state solution involves up 
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fixed model or 
previous job or 



to three loops. The innermost loop is the solution of the blade-flap equations of motion, needed for an 
accurate evaluation of the rotor hub forces. The next loop is the trim solution, which is required for 
most flight states. The flight state optionally has one or two maximum-effort iterations. The flight-state 
solution is executed for each flight condition and for each mission segment. A flight-condition solution 
or any mission-segment solution can optionally maximize the aircraft gross weight. The mission usually 
requires an iterative solution, for fuel weight or for adjustable segment time or distance. Thus each flight- 
condition solution involves up to four nested iterations : maximum gross weight (outer) , maximum effort, 
trim, and blade motion (inner). Each mission solution involves up to five nested iterations: mission 
(outer), and then for each segment maximum gross weight, maximum effort, trim, and blade motion 
(inner). Finally, the design task introduces a sizing iteration, which is the outermost loop of the process. 
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Sizing Task 

Size Iteration 


method: successive 
substitution 


Flight Conditions 


Missions 


Mission Analysis 



Flight Performance Analysis 


Flight Conditions 


Flight Condition 

Maximum GW 


method: secant or false position 


Flight State 


Mission 

Mission Iteration 

fuel weight, adjust time/distance 

method: successive substitution 

Segments 

Maximum GW 


method: secant or false 
position 


Flight State 


Flight State 

Maximum Effort 


method: golden section search for maximum 
endurance, range, or climb; 
otherwise secant or false position 


Trim 


method: Newton- Raphson 

Component Performance Evaluation 

Blade Flapping 

method: Newton- Raphson 


Figure 5-2. Design and analysis tasks, with nested loops and solution methods. 
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5-1 Iterative Solution Tasks 


5-1.1 Tolerance and Perturbation 

For each solution procedure, a tolerance e and a perturbation A may be required. Single values are 
specified for the task, and then scaled for each element tested or perturbed. 

The scaling is based on a reference weight W (design gross weight, or derived from aircraft 
C T /a = 0.07), a reference length L (fuselage length, rotor radius, or wing span), and a reference power 
P (aircraft installed power, or derived from P = W^/W/2pA). Then the force reference is F = W, 
the moment reference is M = WL/ 10, and the angle reference is A = 1 deg. The velocity reference is 
V = 400 knots. The angular velocity reference is fi = V/L (in deg/sec). The coefficient reference is 
C = 0.6 for wings and C = 0.1 for rotors. Altitude scale is H = 10000 ft. Acceleration scale is G = g 
(acceleration due to gravity). The range scale is X = 100 nm. These scaling variables are referred to in 
the subsections that follow, and in tables 5-1 , 5-3, and 5-4. 

5-12 Size Aircraft 

The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a 
specified set of design conditions and missions. The aircraft size is characterized by parameters such as 
design gross weight, weight empty, rotor radius, and engine power available. The relationships between 
dimensions, power, and weight generally require an iterative solution. From the design flight conditions 
and missions, the task can determine the total engine power or the rotor radius (or both power and radius 
can be fixed), as well as the design gross weight, maximum takeoff weight, drive-system torque limit, 
and fuel-tank capacity. For each propulsion group, the engine power or the rotor radius can be sized. 

A successive substitution method is used for the sizing iteration, with an input tolerance e. Relax- 
ation is applied to P eng or R, W D , W M to, Fbsiimit, Wf ue i-cap> and T design . Two successive substitution 
loops are used. The outer loop is an iteration on performance: engine power or rotor radius, for each 
propulsion group. The inner loop is an iteration on parameters: W D , W M to > Pcsiimit > Wf ue i_ cap , and 
^design- Either loop can be absent, depending on the definition of the sizing task. Convergence is tested 
in terms of these parameters and the aircraft weight empty W E - The tolerance is O.lPe for engine power 
and drive-system limit; 0.01 We for gross weight, maximum takeoff weight, fuel weight, and design rotor 
thrust; and 0.1 Le for rotor radius. 


5-13 Mission 

Missions consist of a specified number of segments, for which time, distance, and fuel bum are 
evaluated. For calculated mission fuel weight, the fuel weight at takeoff is adjusted to equal the fuel 
required for the mission (burned plus reserve) . For specified takeoff fuel weight with adjustable segments , 
the mission time or distance is adjusted so the fuel required for the mission (burned plus reserve) equals 
the takeoff fuel weight. The mission iteration is thus on fuel weight. Range credit segments can also 
require an iteration. 

A successive substitution method is used if an iteration is required, with a tolerance e specified. 
The principal iteration variable is takeoff fuel weight, for which the tolerance is 0.01 We. For calculated 
mission fuel weight, the relaxation is applied to the mission fuel value used to update the takeoff fuel 
weight. For specified takeoff fuel weight, the relation is applied to the fuel weight increment used to 
adjust the mission segments. The tolerance for the distance flown in range credit segments is Xe. The 
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relaxation is applied to the distance flown in the destination segments for range credit. 

5-1.4 Maximum Gross Weight 

Flight conditions are specified for the sizing task and for the flight performance analysis. Mission 
takeoff conditions are specified for the sizing task and for the mission analysis. Optionally for flight 
conditions and mission takeoff, the gross weight can be maximized, such that the power required equals 
the power available, min(P a „p G — P reg p G ) = 0 (zero power margin, minimum over all propulsion groups); 
or such that the power required equals an input power, min((d + fP av PG ) - PreqPG ) = 0 (minimum over 
all propulsion groups, with d an input power and / an input factor; this convention allows the power to 
be input directly, / = 0, or scaled with power available). 

The secant method or the method of false position is used to solve for the maximum gross weight. 
A tolerance e and a perturbation A are specified. The variable is gross weight, with initial increment 
of IT A, and tolerance of O.OlTTe. Note that the convergence test is applied to the magnitude of the 
gross-weight increment. 


5-1 3 Maxi m u m Effort 

The aircraft performance can be analyzed for the specified state or a maximum-effort performance 
can be identified. The secant method or the method of false position is used to solve for the maximum 
effort. The task of finding maximum endurance, range, or climb is usually solved using the golden- 
section method. A tolerance e and a perturbation A are specified. 

A quantity and variable are specified for the maximum-effort calculation. Tables 5-1 and 5-2 
summarize the available choices, with the tolerance and initial increment used for the variables. Note 
that the convergence test is applied to the magnitude of the variable increment. Optionally two quantity/ 
variable pairs can be specified, solved in nested iterations. The two variables must be unique. The two 
variables can maximize the same quantity (endurance, range, or climb). If the variable is velocity, first 
the velocity is found for the specified maximum effort; the performance is then evaluated at that velocity 
times an input factor. For endurance, range, or climb, the slope of the quantity to be maximized must be 
zero; hence in all cases the target is zero. The slope of the quantity is evaluated by first-order backward 
difference. For the range, first the variable is found such that V/w is maximized (slope zero), and then 
the variable is found such that V/w equals 99% of that maximum; for the latter the variable perturbation 
is increased by a factor of 4 to ensure that the solution is found on the correct side of the maximum. 

5-1.6 Trim 

The aircraft trim operation solves for the controls and motion that produce equilibrium in the 
specified flight state. A Newton— Raphson method is used for trim. The derivative matrix is obtained 
by numerical perturbation. A tolerance e and a perturbation A are specified. 

Different trim-solution definitions are required for various flight states. Therefore one or more 
trim states are defined for the analysis, and the appropriate trim state selected for each flight state of 
a performance condition or mission segment. For each trim state, the trim quantities, trim variables, 
and targets are specified. Tables 5-3 and 5-4 summarize the available choices, with the tolerances and 
perturbations used. 
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Table 5-1. Maximum-effort solution. 


maximum effort variable 


initial increment 

tolerance 

horizontal velocity 

v h 

0.1VA 

O.lVe 

vertical rate of climb 

v z 

0.1VA 

O.lVe 

aircraft altitude 


HA 

He 

aircraft angular rate 

8 (pullup), ip (turn) 

flA 

fie 

aircraft linear acceleration 

&x 5 Ot y , &z 

GA 

Ge 


Table 5-2. Maximum-effort solution. 


maximum effort quantity 

best endurance 

maximum 1 jw 


best range 

99% maximum V/w 

high or low side, or 100% 

best climb or descent rate 

maximum V z or 1 /P 


best climb or descent angle 

maximum V z /V or V/P 


ceiling 

maximum altitude 


power limit 

power margin, mm(P avPG - P reqPG ) = 0 

over all propulsion groups 

torque limit 

torque margin, min(Q Iim it - Qreq) = 0 

over all limits 

wing stall 

lift margin, C7 Jtnax - C L = 0 

for designated wing 

rotor stall 

thrust margin, ( C T /cr) max - C t /g = 0 

for designated rotor 


Table 5-3. Trim solution. 


trim quantity 


target 

tolerance 

aircraft total force 

x,y, z components 

0 

Fe 

aircraft total moment 

x,y, z components 

0 

Me 

aircraft load factor 

x,y, z components 

Flight State 

€ 

propulsion group power 

Flight State 

Pe 

power margin 

PavPG PreqPG 

Flight State 

Pe 

rotor force 

lift, vertical, propulsive 

Flight State, component schedule 

Fe 

rotor thrust 

C t /g 

Flight State 

Ce 

rotor thrust margin 

{Ct / ^)max Ct / O' 

Flight State 

Ce 

rotor flapping 

PcPs 

Flight State 

Ac 

rotor hub moment 

x (roll), y (pitch) 

Flight State 

Me 

rotor torque 


Flight State 

Me 

wing force 

lift 

Flight State, component schedule 

Fe 

wing lift coefficient 

C L 

Flight State 

Ce 

wing lift margin 

^Lmax Cl 

Flight State 

Ce 

tail force 

lift 

Flight State 

Fe 
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Table 5-4. Trim solution. 


trim variable 


perturbation 

aircraft orientation 

6 (pitch), cj> (roll) 

100AA 

aircraft velocity 

14 (horizontal velocity) 

VA 

aircraft velocity 

V z (vertical velocity) 

VA 

aircraft velocity 

/3 (sideslip) 

100AA 

aircraft angular rate 

6 (pullup), ip (turn) 

QA 

aircraft control 

angle 

100AA 


5-1.7 Rotor-Flap Equations 

Evaluating the rotor hub forces may require solution of the flap equations E(v) = 0. For tip- 
path plane command, the thrust and flapping are known, so v = (# 0.75 6 C # S ) T - For no-feathering plane 
command, the thrust and cyclic pitch are known, so v = (O0.75 fi c Ps) T ■ A Newton-Raphson solution 
method is used: from E(v n+ i) = E{v n ) + (dE/dv)(v n+ 1 - v n ) = 0, the iterative solution is 


V71+I — V-n G Balin') 


where C = f{dE/dv)~ l , including the relaxation factor /. The derivative matrix for axial flow can be 
used. Alternatively, the derivative matrix dE/dv can be obtained by numerical perturbation . Convergence 
of the Newton-Raphson iteration is tested in terms of \E\ < e for each equation, where e is an input 
tolerance. 


5-2 Theory 

The analysis uses several methods to solve nonlinear algebraic equations. Such equations may be 
written in two forms: 

a) fixed point, x = G(x) 

b) zero point, f(x) =0 

where x, G, and / are vectors. The analysis provides operations that implement the function G or /. 
Solution procedures appropriate for the zero-point form can be applied to equations in fixed-point form 
by defining f{x) = x - G(x). In this context, / can be considered the iteration error. 

Efficient and convergent methods are required to find the solution x = a of these equations. Note 
that /' (a) = 0 or G'(a) = 1 means that a is a higher-order root. For nonlinear problems, the method will 
be iterative: x n+1 = F(x n ). The operation F depends on the solution method. The solution error is: 

e n+1 =a- x n+1 = F(a ) - F(x n ) = {a- x n )F'(£ n ) = e n F'(a ) 

Thus the iteration will converge if F is not too sensitive to errors in x: \F'(a)\ < 1 for scalar x. For 
x a vector, the criterion is that all the eigenvalues of the derivative matrix dF/dx have magnitude less 
than one. The equations in this section are generally written for scalar x\ the extension to vector x 
is straightforward. Convergence is linear for F 1 nonzero, quadratic for F’ = 0. Iterative methods 
have a relaxation factor (and other parameters) to improve convergence, and a tolerance to measure 
convergence. 
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The following subsections describe the solution methods used for the various iterations, as shown 
in Figure 5-2. 


5-2.1 Successive-Substitution Method 

The successive-substitution method (with relaxation) is an example of a fixed point solution. A 
direct iteration is simply x n+ i = G(x n ), but \G'\ > 1 for many practical problems. A relaxed iteration 
uses F = (1 - A)z + A G: 

x n + 1 = (1 - A)z n + A G(x n ) =x n - A f{x n ) 

with relaxation factor A. The convergence criterion is then 

|F'(a)| = |1 — A + AG'| < 1 

so a value of A can be found to ensure convergence for any finite G' . Specifically, the iteration converges 
if the magnitude of A is less than the magnitude of 2/(1 - G') = 2//' (and A has the same sign as 
1 - G' = /')• Quadratic convergence {F' = 0) is obtained with A = 1/(1 - G') = 1//'. Over-relaxation 
(A > 1) can be used if \G'\ < 1. Since the correct solution x = a is not known, convergence must be 
tested by comparing the values of two successive iterations: 

error = ||a: n+ i — x n \\ < tolerance 

where the error is some norm of the difference between iterations (typically absolute value for scalar x). 
Note that the effect of the relaxation factor is to reduce the difference between iterations: 

Xn + 1 X n = A (G(x n ) Xnj 

Hence the convergence test is applied to (x n+ i - x n )/\ in order to maintain the definition of tolerance 
independent of relaxation. The process for the successive-substitution method is shown in Figure 5-3. 

5-2.2 Newton-Raphson Method 

The Newton-Raphson method (with relaxation and identification) is an example of a zero-point 
solution. The Taylor series expansion of f{x) = 0 leads to the iteration operator F = x — f/f: 

x n +\ =x n ~ [/'(a^)]” 1 f(x n ) 

which gives quadratic convergence. The behavior of this iteration depends on the accuracy of the 
derivative /'. Here it is assumed that the analysis can evaluate directly /, but not /'. It is necessary to 
evaluate /' by numerical perturbation of /, and for efficiency the derivatives may not be evaluated for 
each x n . These approximations compromise the convergence of the method, so a relaxation factor A is 
introduced to compensate. Hence a modified Newton-Raphson iteration is used, F = x - Cf: 

x n +i =x n - Cf(x n ) = x n - XD~ 1 f(x n ) 

where the derivative matrix D is an estimate of /'. The convergence criterion is then 

|F'(a)| = |l-C'/'| = |l-A£»- 1 / , |<l 

since f(a) =0. The iteration converges if the magnitude of A is less than the magnitude of 2 D/ f (and A 
has the same sign as D/f). Quadratic convergence is obtained with A = D/f (which would require A 
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successive substitution iteration 
save : a; 0 id = x 
evaluate x 

relax: x = Xx + (1 — A)a;oid 

test convergence : error = ||a; — a: 0 id|| < Atolerance x weight 
Figure 5-3. Outline of successive-substitution method. 


to change during the iteration however). The Newton-Raphson method ideally uses the local derivative 
in the gain factor, C = 1//', so has quadratic convergence: 

ff” 

F'(a) = !^=0 

since f(a) = 0 (if f ^ 0 and f" is finite; if /' = 0, then there is a multiple root, F' = l f 2 , and the 
convergence is only linear). A relaxation factor is still useful, since the convergence is only quadratic 
sufficiently close to the solution. A Newton-Raphson method has good convergence when x is suf- 
ficiently close to the solution, but frequently has difficulty converging elsewhere. Hence the initial 
estimate x Q that starts the iteration is an important parameter affecting convergence. Convergence of the 
solution for x may be tested in terms of the required value (zero) for /: 

error = ||/|| < tolerance 

where the error is some norm of / (typically absolute value for scalar /). 

The derivative matrix D is obtained by an identification process. The perturbation identification 
can be performed at the beginning of the iteration, and optionally every M P ro iterations thereafter. The 
derivative matrix is calculated from a one-step finite-difference expression (first order). Each element 
Xi of the vector x is perturbed, one at a time, giving the i-th column of D: 

f(xj + 5xj) - f(xj) 

5xi 

Alternatively, a two-step finite-difference expression (second order) can be used: 

f{xj + Sxj) - f(x j - Sxj ) 

26xi 




With this procedure, the accuracy of D (hence convergence) can be affected by both the magnitude and 
sign of the perturbation (only the magnitude for a two-step difference). 

The process for the Newton-Raphson method is shown in Figure 5-4. A problem specified as 
h(x) = target becomes a zero-point problem with / = h — target • A successive-substitution problem, 
x = G(x), becomes a zero-point problem with f = x — G. At the beginning of the solution, x has an 
initial value. The perturbation identification can optionally never be performed (so an input matrix is 
required), performed at the beginning of the iteration, or performed at the beginning and every M P ro 
iterations thereafter. 
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initialize 
evaluate h 

test convergence : error = \hj — htwgetj I < tolerance x weighty 

initialize derivative matrix D to input matrix 
calculate gain matrix: C = AD -1 
iteration 

identify derivative matrix 

optional perturbation identification 

perturb each element of x\ Sxi = A x weighty 
evaluate h 
calculate D 

calculate gain matrix: C = \D~ X 
increment solution: Sx = -C(h - h t ar get) 
evaluate h 

test convergence : error = \hj — ht &rget j \ < tolerance x weighty 
Figure 5-4. Outline of Newton-Raphson method. 


5-2 3 Secant Method 

The secant method (with relaxation) is developed from the Newton-Raphson method. The modified 
Newton-Raphson iteration is: 


x n+l — x n f{%n) 

where the derivative matrix D is an estimate of /'. In the secant method, the derivative of / is evaluated 
numerically at each step: 

ell x \ ^ f( x n) — f{%n- 1 ) 

It can be shown that then the error reduces during the iteration according to: 

kn+il = |/72/'| M kn-il = |/72/'|- 62 |e„r 62 

which is slower than the quadratic convergence of the Newton-Raphson method (e^), but still better than 
linear convergence. In practical problems, whether the iteration converges at all is often more important 
than the rate of convergence. Limiting the maximum amplitude of the derivative estimate may also be 
appropriate. Note that with f = x - G(x), the derivative f is dimensionless, so a universal limit (say 
maximum |/'| = 0.3) can be specified. A limit on the maximum increment of x (as a fraction of the x 
value) can also be imposed. The process for the secant method is shown in Figure 5-5. 


5-2.4 Method of False Position 


The method of false position is a derivative of the secant method, based on calculating the derivative 
with values that bracket the solution. The iteration starts with values of x 0 and x\ such that f(x o) and 
f(x i) have opposite signs. Then the derivative /' and new estimate x n+ i are 


f'(Xn) = 


f( x n) ~ f{Xk) 


•^n k 

x n+1 =x n -X D~ 1 f{x n ) 
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initialize 

evaluate /o at vq, f\ at vi = vq + Av, / 2 at v 2 = v\+Av 

iteration 

calculate derivative /' 
secant: from / 0 and fi 

false position: from / 0 , and /i or / 2 (opposite sign from /i) 
calculate gain: C = X/f 
increment solution: Sv = -Cf 
shift: h = fi, /i = /o 
evaluate / 
test convergence 

Figure 5-5. Outline of secant method or method of false position. 


initialize 

evaluate /o at x 3 , fi at xi = xq + Ax, / 2 at :r 2 = x\ + Ax 
bracket maximum: while not /i>/o,/2 

if / 2 >/o, then x 3 = x 2 + (z 2 - xi ) ; 1,2,3 -► 0,1,2 
if /o>/ 2 , then x 3 = x 0 - (xi - x 0 ); 3,0,1 -> 0,1,2 
iteration (search) 

if x 2 — x\ > x\ — xq , then x 3 = x\ + W(x 3 — x{) 

if h<fi, then 0,1,3 -> 0,1,2 
if fz > fi r then 1,3,2 ->• 0,1,2 
if xi — xq > x 3 — x\ , then x 3 = x\ — W(x\ — x 3 ) 
if fz< h, then 3,1,2 -*• 0,1,2 
if fz> h, then 0,3,1 0,1,2 

test convergence 

Figure 5-6. Outline of golden-section search. 


using fc = n- lorfc = n- 2 such that f(x n ) and f{x k ) have opposite signs. The convergence is 
slower (roughly linear) than for the secant method, but by keeping the solution bracketed convergence 
is guaranteed. The process for the method of false position is shown in Figure 5-5. 

5-2.5 Golden-Section Search 

The golden-section search method can be used to find the solution x that maximizes f{x). The 
problem of maximizing / (x) can be attacked by applying the secant method or method of false position to 
the derivative f'(x ) = 0, but that approach is often not satisfactory as it depends on numerical evaluation 
of the second derivative. The golden-section search method begins with a set of three values x 0 < xi < x 3 
and the corresponding functions /o , /i , h ■ The x value is incremented until the maximum is bracketed, 
fi > /o, / 2 • Then a new value x 3 is selected in the interval x 0 to x 3 \ f 3 evaluated; and the new set of 
x 0 < xi < x 2 determined such that the maximum is still bracketed. The new value x 3 is a fraction 
W = (3 - >/5)/2 = 0.38197 from x\ into the largest segment. The process for the golden-section search 
is shown in Figure 5-6. 
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Chapter 6 


Cost 


Costs are estimated using statistical models based on historical aircraft price and maintenance cost 
data, with appropriate factors to account for technology impact and inflation. The aircraft flyaway 
cost (C AG , in $) consists of airframe, mission equipment package (MEP), and flight-control-electronics 
(FCE) costs. The direct operating cost plus interest (DOC + 1, in cents per available seat mile (ASM)) 
is the sum of maintenance cost (C mairit , in $ per flight hour), flight crew salary and expenses, fuel and 
oil cost, depreciation, insurance cost, and finance cost. Inflation factors can be input, or internal factors 
used. Table 6-1 gives the internal inflation factors for DoD (ref. 1) and consumer price index (CPI, 
ref. 2). For years beyond the data in the table, optionally the inflation factor is extrapolated based on the 
last yearly increase. 


6-1 CTM Rotorcraft Cost Model 

The CTM rotorcraft cost model (refs. 3-5) gives an estimate of aircraft flyaway cost and direct 
operating cost plus interest. The basic statistical relations for airframe purchase price and maintenance 
cost per hour are: 


c AF = 739.66 K ET K EN K LG K R W\$ 619 (P/W AF f 5S87 N^ £* + c comp 
Cmaint = 0.49885 W°' 3746 P°' 4635 


with W A f = We — Wmep - Wfce ■ The term c comp = LW coiap accounts for additional costs for composite 
construction; W comp is the composite structure weight, obtained as an input fraction of the component 
weight, with separate fractions for body, tail, pylon, and wing weight. The configuration factors are: 


Ket = 

1 .0 for turbine aircraft 

Ken = 

1 .0 for multi-engine aircraft 

Klg = 

1 .0 for retractable landing gear 

Kr = 

1 .0 for single main rotor 


0.557 for piston aircraft 
0.736 for single-engine aircraft 
0.884 for fixed landing gear 

1 .057 for twin main rotors, 1 .1 17 for four main rotors 


The MEP and FCE costs are obtained from input cost-per-weight factors: Cmep = DviepIPmep and 
G'fce = pfceWfce- These cost equations are based on 1994 dollars and current technology levels. 
Including an inflation factor f 7 ) and technology factors x gives the unit flyaway cost Cac and maintenance 
cost per flight hour Cmaint: 

Cac = Fi ( Xafcaf + Cmep + Cfce) 

Gmaint Fi Xmainl i'maiiil 

The statistical equation for caf predicts the price of 1 23 out of 1 28 rotorcraft within 20% (figs . 6- 1 and 6- 
2). These equations also serve to estimate turboprop airliner flyaway costs by setting N IotoI = Abiade = 1 
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and using additional factors 0.8754 (pressurized) or 0.7646 (unpressurized), 
operating cost are: 

Cfuel = C(ITf ue l/pf ue l)./V dep 
Ccrew = 3. 19 K crevJ W^ 0 B 
Cina = 0.0056 C AC 



The other terms in the 


The fuel bum Wf ue i, block time T miss , and block range R m i ss are obtained for a designated mission. The 
number of departures per year is iV dep = B/T miss . The flight time per trip is T trip = T miss -T NF . The 
flight hours per year are T F = T trip N dep . The yearly operating cost Cop and DOC + 1 are then: 


TpC ma j n t; “1“ Cf ue l 4“ C c] 


DOC + 1 = 100 Cop/ASM 


where the available seat miles per year are ASM = 1.1508AT pass i2 miss Ar dep . Parameters are defined in 
table 6-2, including units as used in these equations. 
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Table 6-1. DoD and CPI inflation factors. 


inflation factors inflation factors inflation factors 


year 

DoD 

CPI 

year 

DoD 

CPI 

year 

DoD 

CPI 

1911 



1951 

17.02 

17.54 

1991 

93.99 

91.90 

1912 



1952 

16.26 

17.88 

1992 

96.21 

94.67 

1913 


6.68 

1953 

16.31 

18.02 

1993 

98.16 

97.50 

1914 


6.75 

1954 

16.02 

18.15 

1994 

100.00 

100.00 

1915 


6.82 

1955 

17.29 

18.08 

1995 

101.73 

102.83 

1916 


7.35 

1956 

17.58 

18.35 

1996 

103.25 

105.87 

1917 


8.64 

1957 

18.17 

18.96 

1997 

104.41 

108.30 

1918 


10.19 

1958 

18.02 

19.50 

1998 

105.47 

109.99 

1919 


11.67 

1959 

18.11 

19.64 

1999 

106.88 

112.42 

1920 


13.50 

1960 

18.34 

19.97 

2000 

108.46 

116.19 

1921 


12.08 

1961 

18.31 

20.18 

2001 

109.99 

119.50 

1922 


11.34 

1962 

18.84 

20.38 

2002 

111.63 

121.39 

1923 


11.54 

1963 

19.09 

20.65 

2003 

113.88 

124.16 

1924 


11.54 

1964 

19.76 

20.92 

2004 

116.81 

127.46 

1925 


11.81 

1965 

2036 

21.26 

2005 

120.04 

131.78 

1926 


11.94 

1966 

21.97 

21.86 

2006 

123.05 

136.03 

1927 


11.74 

1967 

22.77 

22.54 

2007 

125.67 

139.91 

1928 


11.54 

1968 

24.03 

23.48 

2008 

127.67 

145.28 

1929 


11.54 

1969 

25.10 

24.76 

2009* 

129.37 


1930 


11.27 

1970 

25.76 

26.18 

2010* 

131.22 


1931 


10.26 

1971 

2724 

27.33 

2011* 

133.41 


1932 


9.24 

1972 

28.98 

28.21 

2012* 

135.77 


1933 


8.77 

1973 

31.34 

29.96 

2013* 

138.26 


1934 


9.04 

1974 

34.13 

33.27 

2014* 

140.72 


1935 


9.24 

1975 

38.10 

36.30 

2015* 

143.25 


1936 


9.38 

1976 

42.14 

38.39 




1937 


9.72 

1977 

43.75 

40.89 




1938 


9.51 

1978 

47.82 

43.99 




1939 


9.38 

1979 

53.02 

48.99 




1940 


9.45 

1980 

58.52 

55.60 




1941 


9.92 

1981 

63.80 

61.34 




1942 


11.00 

1982 

68.35 

65.11 




1943 


11.67 

1983 

71.92 

67.21 




1944 


11.88 

1984 

74.57 

70.11 




1945 


12.15 

1985 

76.86 

72.60 




1946 


13.16 

1986 

79.19 

73.95 




1947 


15.05 

1987 

81.87 

76.65 




1948 


16.26 

1988 

85.01 

79.82 




1949 


16.06 

1989 

88.19 

83.67 




1950 

15.37 

16.26 

1990 

91.30 

88.19 





* projected 
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Table 6-2. Cost model parameters. 


parameter 

definition 

units 

W E 

weight empty 

lb 

Wmto 

maximum takeoff weight 

lb 

-^blade 

number of blades per rotor 


p 

rated takeoff power (all engines) 

hp 

Wmep 

fixed useful load weight, mission equipment package 

lb or kg 

Wfce 

fixed useful load weight, flight control electronics 

lb or kg 

fMEP 

cost factor, mission equipment package 

$/lb or $/kg 

^FCE 

cost factor, flight control electronics 

$/lb or $/kg 

L 

additional labor rate for composite construction 

$/lb or $/kg 

w fue , 

mission fuel burned 

lb or kg 

T • 

x miss 

mission time 

hr 

-^miss 

mission range 

nm 

G 

fuel cost 

$/gallon or $/liter 

B 

available block hours 

hr 

S 

spares per aircraft (fraction purchase price) 


D 

depreciation period 

yr 

V 

residual value (fraction) 


L 

loan period 

yr 

i 

interest rate 

% 

T N f 

non-flight time per trip 

hr 

N 

1 v pass 

number of passengers 


Pfuel 

fuel density (weight per volume) 

lb/gal or kg/liter 
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Chapter 7 


Aircraft 


The aircraft consists of a set of components, including rotors, wings, tails, fuselage, and propul- 
sion. For each component, attributes such as performance, drag, and weight can be calculated. The 
aircraft attributes are obtained from the sum of the component attributes. Description and analysis of 
conventional rotorcraft configurations is facilitated, while retaining the capability to model novel and ad- 
vanced concepts. Specific rotorcraft configurations considered include: single-main-rotor and tail-rotor 
helicopter; tandem helicopter; and coaxial helicopter. 

The following components form the aircraft: 

a) Systems: The systems component contains weight information (fixed useful load, vibration, contin- 
gency, and systems and equipment) for the aircraft. 

b) Fuselage: There is one fuselage for the aircraft. 

c) Landing Gear: There is one landing gear for the aircraft. 

d) Rotors: The aircraft can have one or more rotors, or no rotors. In addition to main rotors, the 
component can model tail rotors, propellers, proprotors, and ducted fans. 

e) Forces: The force component is a simple model for a lift, propulsion, or control subsystem. 

f) Wings: The aircraft can have one or more wings, or no wings. 

g) Tails: The aircraft can have one or more horizontal or vertical tail surfaces, or no tails. 

h) Fuel Tank: There is one fuel tank component for the aircraft. There can be one or more sizes of 
auxiliary fuel tanks. 

i) Propulsion Groups: There are one or more propulsion groups. Each propulsion group is a set of 
components (rotors) and engine groups, connected by a drive system. The engine model describes a 
particular engine, used in one or more engine groups. The components define the power required. The 
engine groups define the power available. 

j) Engine Groups: An engine group consists of one or more engines of a specific type. For each engine 
type an engine model is defined. 


7-1 Disk Loading and Wing Loading 


The aircraft disk loading is the ratio of the design gross weight and a reference rotor area: DL = 
W D /A ref . The reference area is a sum of specified fractions of the rotor areas, A ref = J2 /a A (typically 
the projected area of the lifting rotors). The disk loading of a rotor is the ratio of a specified fraction of 
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the design gross weight and the rotor area: 

™ T f w W D f w W D 

( J rotor A A A/Ae{ Ae{ 

where probably X^rotor fw = 1, and the lifting rotors are all rotors not designated antitorque or auxiliary- 
thrust. If there are N lifting rotors of the same area, with no overlap, then f A = 1, A ie f = NA, 
fw = A/A re i = 1/N, and (DL) TOtOT = DL. For rotors designated antitorque or auxiliary-thrust, the disk 
loading is calculated from the design rotor thrust: (DL) rotor = T design /A. 

For coaxial rotors, the default reference area is the area of one rotor: f A = y 2 , A ref = A, f w = y 2 , 
and (DL) mtor = 1 /iDL. For tandem rotors, the default reference area is the projected area: 4 ref = 
(2 - m)A, where rnA is the overlap area (m = 0 for no overlap, m = 1 for coaxial). Then f A = 
fw = y 2 , and (DL) rotor = DL. Optionally, the reference area for tandem rotors can be total rotor 
area instead: A ref = 2 A. 

The aircraft wing loading is the ratio of the design gross weight and a reference wing area: WL = 
W D /S re {. The reference area is a sum of the wing areas, S re [ = ^ S. The wing loading of an individual 
wing is the ratio of a specified fraction of the design gross weight and the wing area: 

_ W _ f w W D _ f w W D 

\ W-LJ ffm g — — — 

b b b/b re f * re f 

where probably ^ W m g fw = 1- If there are N wings of the same area, then f w = S/S re f = 1/N, and 
{WL) wing = WL. 


7-2 Controls 

A set of aircraft controls c A c are defined; they are connected to the component controls. The 
connection to the component control c is typically of the form c = STc A c + c 0 , where T is an input 
matrix and c 0 the component control for zero aircraft control. The connection (matrix T) is defined for 
a specified number of control-system states (allowing change of control configuration with flight state). 
The factor S is available for internal scaling of the matrix. The control state and initial control values 
are specified for each flight state. 

Typical (default) aircraft controls are the pilot’s controls: collective stick, lateral and longitudinal 
cyclic sticks, pedal, and tilt. Units and sign convention of the pilot’s controls are contained in the matrix 
T. For the single-main-rotor and tail-rotor configuration, it is often convenient for the collective and 
cyclic stick motion to equal the collective and cyclic pitch input of the main rotor, and the pedal motion to 
equal the collective pitch input of the tail rotor. The aircraft controls should be scaled to approximately 
the same amplitude, by appropriate definition of the T matrix and scale factor S. 

These aircraft controls are available for trim of the aircraft. Any aircraft controls not selected for 
trim will remain fixed at the values specified for the flight state. Thus by defining additional aircraft 
controls, component controls can be specified as required for a flight state. 

Each aircraft control variable c AC can be zero, constant, or a function of flight speed (piecewise 
linear input). The flight-state input can override this value of the aircraft control. The input value is an 
initial value if the control is a trim variable. 

Each component control variable cq (value for zero aircraft control) can be zero, constant, or a 
function of flight speed (piecewise linear input). The component control from aircraft control (Tc A c) is 
a fixed value, or a function of speed, or a linear function of another control (perhaps a trim variable). 
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The tilt control variable a t iit is intended for nacelle tilt angle or conversion control, particularly for 
tiltrotors. The convention is a t iit = 0 for cruise, and a t iit = 90 degree for helicopter mode. If a t ii t exists 
as a control, it can be zero, constant, or a function of flight speed (piecewise linear input). 

An optional conversion schedule of control is defined in terms of conversion speeds: hover and 
helicopter mode for speeds below Vbhover , cruise mode for speeds above Vccmise, and conversion mode 
between. The nacelle angle is otiit = 90 in helicopter mode and a t iit = 0 in airplane mode, and it varies 
linearly with speed in conversion mode. The tip speed is Kip-hover in helicopter and conversion mode, 
and Kip- cr uise in airplane mode. Control states and drive-system states are defined for helicopter, cruise, 
and conversion-mode flight. The flight state specifies the nacelle tilt angle, tip speeds, control state, 
and drive-system state, including the option to obtain any or all of these quantities from the conversion 
schedule. 

The flightspeedusedfor controlscheduling is usuallythecalibratedairspeed(CAS): Kai = Vyjp/po 
(hence variation with dynamic pressure). Velocity schedules are used for conversion, controls and 
motion, rotor tip speed, landing gear retraction, and trim targets. Optionally these velocity schedules 
use either calibrated airspeed Kai or the true airspeed V. 

The control matrices T can be defined based on the configuration. Let c A co, cacc , cacs > cac p bo 
the pilot’s controls (collective, lateral cyclic, longitudinal cyclic, and pedal). For the helicopter, the first 
rotor is the main rotor and the second rotor is the tail rotor; then 

/TmcoiA rl 0 0 0 I /caco\ 

Tivnat _ 0 -r 0 0 cacc 

Tivilng 0 0 -1 0 CACa 

'TtcoIi / Lo 0 0 — rJ \CACp / 

where r is the main-rotor direction of rotation (r = lforcounter-clockwiserotation,r = -1 for clockwise 
rotation). For the tandem configuration, the first rotor is the front rotor and the second rotor is the rear 
rotor; then 

/TfcoIiX "1 0 —1 O' / CAC0\ 

TViat _ 0 —r F 0 —r F Cacc 

TrcoII 10 10 CACs 

V Tfilat / L o -Tr 0 rfl J CACp / 

For the coaxial configuration: 

/ Ticoii \ r 1 0 0 rr 

Tiiat 0 — ri 0 0/ caco \ 

Tllng _ 0 0 —10 CACc 

Tbcoll 10 0 r <2 CACa 

721at 0 — r -2 0 0 V CACp / 

V T 21ng / Lo 0 -10. 

For the tiltrotor, the first rotor is the right rotor and the second rotor is the left rotor; then 



■1-10 0 - 
0 0-11 
110 0 / CAC0 

0 0 - 1-1 CACc 

0-10 0 l CACs 

0 0 10 VcACp 

.0 0 0 1 . 
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with cyclic stick and pedal connected to rotor controls only for helicopter mode. 

7-3 Trim 

The aircraft trim operation solves for the controls and motion that produce equilibrium in the 
specified flight state. In steady flight (including hover, level flight, climb and descent, and turns), 
equilibrium implies zero net force and moment on the aircraft. In general, there can be additional 
quantities that at equilibrium must equal target values. In practice, the trim solution can deal with a 
subset of these quantities. Usually it is at least necessary to achieve equilibrium in the aircraft lift and 
drag forces, as well as in yaw moment for torque balance. The basic purpose of the trim solution is to 
determine the component states, including aircraft drag and rotor thrust, sufficient to evaluate the aircraft 
performance. 

Different trim-solution definitions are required for various flight states. Therefore one or more 
trim states are defined for the analysis, and the appropriate trim state selected for each flight state of a 
performance condition or mission segment. For each trim state, the trim quantities, trim variables, and 
targets are specified. The available trim quantities include: 

aircraft total force and moment; aircraft load factor; 

propulsion group power; power margin P avPG - P req PG\ 

rotor force (lift, vertical, or propulsive); 

rotor thrust C T ja\ rotor thrust margin (C T /&) m&x - C T /(r\ 

rotor flapping /3 C , /?„; rotor hub moment, roll and pitch; rotor torque; 

wing force; wing lift coefficient Cl, wing lift margin C Lmax - C L \ 

tail force. 

Targets for aircraft total force and total moment (including inertial loads in turns) are always zero. The 
available trim variables include: 

aircraft controls; 

aircraft orientation, 6 (pitch), <p (roll); 
aircraft horizontal velocity Vj,; 

aircraft vertical rate of climb V z ; aircraft sideslip angle /?; 
aircraft angular rate, 0 (pullup), ip (turn). 

The aircraft orientation variables are the Euler angles of the body axes relative to inertial axes. The 
aircraft controls (appropriately scaled) are connected to the component controls. 

A Newton-Raphson method is used for trim. The derivative matrix is obtained by numerical 
perturbation. A tolerance e and a perturbation A are specified. 

7-4 Geometry 

The aircraft coordinate system has the x-axis forward, y-axis to the right, and z-axis down, measured 
from the center of gravity (fig. 7-1). These aircraft axes are body axes ( x is not aligned with the wind), 
the orientation determined by the convention used for the input geometry. The center of gravity is the 
appropriate origin for describing the motion of the aircraft and summing the forces and moments acting 
on the aircraft. 


Layout of the geometry is typically in terms of station line (SL, positive aft), buttline (BL, positive 
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axes for description of 
aircraft geometry 
(arbitrary reference) 


aircraft coordinate 
system 
(origin at CG) 


forward 



right), and waterline (WL, positive up), measured relative to some arbitrary origin (fig. 7-1). The x-y-z 
axes are parallel to the SL-BL-WL directions. One or more locations are defined for each component 
of the aircraft. Each component will at least have a location that is the point where component forces 
and moments act on the aircraft. Each location is input in fixed or scaled form. The fixed-form input 
is SL/BL/WL (dimensional). The scaled-form input is x/L (positive aft), y/L (positive right), and 
z/L (positive up), based on a reference length L, from a reference point. The reference length is the 
rotor radius or wing span of a designated component, or the fuselage length. The reference point can 
optionally be input, or the location (hub) of a designated rotor, or the location (center of action) of a 
designated wing component, or the location (center of action) of the fuselage, or the location of the 
center of gravity. Fixed input can be used for the entire aircraft, or just for certain components. 

From this fixed or scaled input and the current aircraft size, the actual geometry (a;, y, z) can be 
calculated for each location. There are also options to calculate geometry from other parameters (such 
as tiltrotor span from rotor radius and clearance). This calculated geometry has the sign convention of 
the aircraft axes (x positive forward, y positive right, z positive down), but has the origin at the reference 
point (which may or may not be the center of gravity). All input uses the same sign convention; all 
internal calculations use the same sign conventions. Table 7-1 summarizes the conventions. 


Table 7-1. Geometry conventions. 



layout 

scaled input 

calculated 

motion and loads 

origin 

arbitrary 

reference point 

reference point 

center of gravity 

X 

SL (+ aft) 

x/L (+ aft) 

x (+ forward) 

x (+ forward) 

y 

BL (+ right) 

y/L (+ right) 

y (+ right) 

y (+ right) 

Z 

WL (+ up) 

z/L (+ up) 

z (+ down) 

z (+ down) 
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The location of the aircraft center of gravity is specified for a baseline configuration. With tilting 
rotors, this location is in helicopter mode. For each flight state the aircraft center of gravity is calculated, 
from the baseline location plus any shift due to nacelle tilt, plus an input center-of-gravity increment. 
Alternatively, the aircraft center-of-gravity location for the flight state can be input. Any change of the 
center-of-gravity position with fuel bum during a mission is not automatically calculated, but could be 
accounted for using the flight-state input. 

The aircraft operating length and width are calculated from the component positions and dimensions : 
ftotai = £max - :c m i n and Wtotai = 2/max — Vmiiy', where the maximum and minimum dimensions are for the 
fuselage and all rotors, wings, and tails. The corresponding footprint area is then Stotai = f total w to tai- 

7-5 Aircraft Motion 

The aircraft velocity and orientation are defined by the following parameters: flight speed V ; turn 
rate; orientation of the body frame relative to inertial axes (Euler angles); and orientation of the velocity 
frame relative to inertial axes (flight path angles). Aircraft conventions are followed for the direction 
and orientation of axes: the z-axis is down, the z-axis forward, and the y-axis to the right; and a yaw- 
pitch-roll sequence is used for the Euler angles. However, the airframe axes are body axes (fixed to the 
airframe, regardless of the flight direction) rather than wind axes (which have the z-axis in the direction 
of the flight speed). The orientation of the body frame F relative to inertial axes I is defined by yaw, 
pitch, and roll Euler angles, which are rotations about the z, y, and x axes respectively: 

C FI = X4 F Y 9f Z+ f 

So yaw is positive to the right, pitch is positive nose up, and roll is positive to the right. The flight path 
is specified by the velocity V, in the positive z-axis direction of the velocity axes. The orientation of the 
velocity axes V relative to inertial axes I is defined by yaw (sideslip) and pitch (climb) angles: 

C Vl = 

Sideslip is positive for the aircraft moving to the right, and climb is positive for the aircraft moving up. 
Then 

s~iFV s-iFI s-iIV y" V 7 V 

O O O A.(f)pYQpZj J Qy 

In straight flight, all these angles and matrices are constant. In turning flight at a constant yaw rate, the 
yaw angle is ipF = ipFt', the turn radius is Rt = Vh/ipF', and the nominal bank angle and load factor are 
tan cj) F = Vn 2 - 1 = ipFVh/g. Then the forward, sideward, and climb velocities are: 

Vf = V cos 6v cos ipv = Vh cos ipv 
V s = V cos 6v sin ipv = Vh sin ipv 
V c = V sin Oy = Vh tan 8y 

where Vh = V cos 8 V is the horizontal velocity component. The velocity components in airframe axes 
are v F c = v FI / F = C FV (V 00) T (aircraft velocity relative to the air). The aircraft angular velocity is 

/0f\ 1 0 -sin# F /0 F \ 

lu f c = u> FI / F = R l 8 f ] = 0 cos <t>p sin0 F cos0F I 8f ] 

\tpF J 0 — sin</>F cos cpF cos 8f \^f ) 
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For steady-state flight, 6 F = 4>f = 0 ; ip F is nonzero in a turn. 

Accelerated flight is also considered, in terms of linear acceleration a AC = v FI/F = gn L and pitch 
rate d F . The nominal pullup load factor is n = 1 -I- 0 F Vh/g. For accelerated flight, the instantaneous 
equilibrium of the forces and moments on the aircraft is evaluated for specified acceleration and angular 
velocity; the equations of motion are not integrated to define a maneuver. Note that the fuselage and 
wing aerodynamic models do not include all roll-moment and yaw-moment terms needed for general 
unsteady flight (notably derivatives L v ,L p ,L r ,N v ,N p , N r ). 

The aircraft pitch and roll angles are available for trim of the aircraft. Any motion not selected for 
trim will remain fixed at the values specified for the flight state. The pitch and roll angles each can be 
zero, constant, or a function of flight speed (piecewise linear input). The flight state input can override 
this value of the aircraft motion. The input value is an initial value if the motion is a trim variable. 

7-6 Loads and Performance 

For each component, the power required and the net forces and moments acting on the aircraft can 
be calculated. The aerodynamic forces F and moments M are typically calculated in wind axes and then 
resolved into body axes (x,y, z) relative to the origin of the body axes (the aircraft center of gravity). 
The power and loads of all components are summed to obtain the aircraft power and loads. Typically 
the trim solution drives the net forces and moments on the aircraft to zero. 

The aircraft equations of motion, in body axes F with origin at the aircraft center of gravity, are the 
equations of force and moment equilibrium: 

m(v FI / F + u FI ' F v FI / F ) = F f + F f &v 
I f cj fi / f + u FI l F I F u F 1 l F = M f 

where m = W/g is the aircraft mass; the gravitational force is F g F av = mC FI g I = mC FI (00g) T ; and 
the moment of inertia matrix is 

I xx Ixy Ixz 

lyx lyy —lyz 

Izx ^zy Izz 

For steady flight, 6j fi / f = v FI / F = 0 , and w F//F = R{ 0 0 ip F ) T is nonzero only in turns. For accelerated 
flight, v FI / F can be nonzero, and u F1 ! F = R(09 F ip F ) T - The equations of motion are thus 

m ( a AC + w AC V AC ) = F F + F F av 

^ c I F “ac = M F 

The body axis load factor is n = ( C FI g I - (a^ c +^ac v ac)) 1 9 • The a^ c term is absent for steady flight. 
The forces and moments are the sum of loads from all components of the aircraft: 

F F = Tfus + ^2 F F tor + ^2 Tforce + X/ T'wing + X] ^tail + X ^engine + ^tank 

M F = M { F S + X ^rotor + X M foTce + X ^wing + X + X Engine + -^tank 

Forces and moments in inertial axes are also of interest (F 1 = C if F f and M 1 = C IF M F ). A particular 
component can have more than one source of loads; for example, the rotor component produces hub 
forces and moments, but also includes hub and pylon drag. The equations of motion are Ef = F f + 
Tgrav - inertial = 0 and E m = M F - = 0 . 
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The component power required P comp is evaluated for all components (rotors) of the propulsion 
group. The total power required for the propulsion group P req PG is obtained by adding the transmission 
losses and accessory power. The power required for the propulsion group must be distributed to the 
engine groups. The fuel flow is calculated from the power required. The fuel flow of the propulsion group 
is obtained from the sum over the engine groups. The total fuel flow is the sum from all components of 
the aircraft. W — ) ] IVreqEG T" ^ U^force* 


7-7 Aerodynamics 

Each component has a position z F in aircraft axes F, relative to the reference point; and orientation 
of component axes B relative to aircraft axes given by the rotation matrix C BF . It is expected that the 
component axes are (roughly) x forward and z down (or in negative lift direction). The aerodynamic 
model must be consistent with the convention for component orientation. Acting at the component 
are interference velocities (velocity of air, in F axes), from all other components. Then the total 
component velocity relative to the air is 

v F = vac + 5f c A/ - v int 

where A z F = z F - z F . Then v B = C BF v F is the velocity in component axes. The aerodynamic 
environment is defined in the component axes: velocity magnitude v = \v B |, dynamic pressure q = 1 /zpv 2 , 
angle-of-attack a, and sideslip angle /3. The angle-of-attack and sideslip angle provide the transformation 
between airframe axes and velocity axes: 

C BA = Y a Z-p 

This is the conventional aircraft definition, corresponding to yaw-then-pitch of the airframe axes relative 
to the velocity vector. By definition, the velocity is along the x-axis in the A axes, v B = C BA (v 00) T ; 
from which the angle-of-attack and sideslip in terms of the components of v B are obtained: 

a = tan -1 v B /v B 
(3 = sin -1 v B /\v B \ 

This definition is not well behaved for v B = 0 (it gives a = 90sign(t;.f)), so for sideward flight a 
pitch-then-yaw definition can be useful: C FA = Z_pY a . Then 

a = sin -1 v B /\v B \ 

P = tan -1 v B I v B 

which gives ft = 90sign(w®) for v B = 0. 

From v, q, a, and /3, the aerodynamic model calculates the component force and moment, in wind 
axes acting at z F : 



where D,Y, and L are the drag , side force , and lift; M x , M y , and M z are the roll , pitch , and yaw moments . 
The aerodynamic loads in aircraft axes acting at the center of gravity are then: 

F f = C fb C ba F a 


M f = C fb C ba M a + A z f F f 
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where A z F = z F - z F g . In hover and low speed, the download is calculated: F J Z = k T (C IF F F ), the 
downward component of the aerodynamic force in inertial axes . Download can be expressed as a fraction 
of the total rotor vertical force, or as a fraction of gross weight. The aerodynamic model also calculates 
the interference velocities caused by this component at all other components: u£ t = C FB v F t . 

Equations for the aerodynamics models are defined for all angles in radians. Input values of angles 
will, however, be in degrees. 

The aircraft neutral point is calculated from the airframe aerodynamics with all controls set to zero. 
The neutral point is here defined as the longitudinal position about which the derivative of the pitch 
moment with lift is zero. Hence SL na = SL cg - AM/AL, with the change in lift and moment calculated 
from the loads at angles of attack of 0 and 5 degree. 


7-8 Trailing-Edge Flaps 


The lifting surfaces have controls in the form of trailing-edge flaps: flap, flaperon, and aileron for 
wings; elevator or rudder for tails. The aerodynamic loads generated by flap deflection 5f (radians) are 
estimated based on two-dimensional aerodynamic data (as summarized in refs. 1 and 2). Let if = cf/c 
be the ratio of the flap chord to the wing chord. The lift coefficient is a = ct a {a + rrjSf), where 
r] = 0.85 - 0.435/ is an empirical correction for viscous effects (ref. 1, eq. 3.54 and fig. 3.36). Thin 
airfoil theory gives 

, 0t - sin Of / . n 
T=1 ^ =( Sm( 2^ ) ) 

with Of = cos _1 (2 if - 1) (ref. 1, eq. 3.56 and fig. 3.35; ref. 2, eq. 5.40). The last expression is an 
approximation that is a good fit to the thin airfoil theory result for n = Y 2 , and a good approximation 
including the effects of real flow for n = 2 /a (ref. 2, fig. 5.18); the last expression with n = % is used 
here. The increase of maximum lift coefficient caused by flap deflection is less than the increase in lift 
coefficient, so the stall angle-of-attack is decreased. Approximately 


AQmax 

Act 


S (1 - i f ) {IF if- 5 i) + 3if) 


(ref. 1 , fig. 3.37). Thin airfoil theory gives the moment-coefficient increment about the quarter chord: 


A c m = -0.85 ((1 - if) sinOf'jSf = -0.85 ((1 - i f )2^j{l - i f )if)5 f 

(ref. 1 , eq. 3.57; ref. 2, eq. 5.41); with the factor of 0.85 accounting for real flow effects (ref. 2, fig. 5.19). 
The drag increment is estimated using 

ACd = 0.9 i 1 ^ 38 ^ sin 2 Sf 

for slotted flaps (ref. 1, eq. 3.51). In summary, the section load increments are: 


Act = eta -jf LfrjfSf 


Act n 


Xf Act 


A c m = ^ M f 5 f 


The decrease in angle-of-attack for maximum lift is 

Act - A Ctn 


Aa r 


Qa 


-(1 - Xf ) 


Act 

Qa 
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The coefficients 

rjf = 0.85 - 0.43|<5/| = % - r)i\df\ 

Lf = r f ( sin{ l £f) Y /3 

Xf = ( l -if) ( 1 +^- 5 ^ + 3 ^) 

Mf = -0.85 j- ((1 - e f )2y/(i-e f )e f ) 
Df = 0.9 4' 38 


follow from the former equations. 


For three-dimensional aerodynamic loads, these two-dimensional coefficients are corrected by 
using the three-dimensional lift-curve slope, and multiplying by the ratio of flap span to wing span bf/b. 
Then the wing load increments caused by flap deflection, in terms of coefficients based on the wing area, 
are: 


A C L = ^ C La LfT}fSf 
A C M = ^M f S f 
ACd = Df sin 2 S f 


AC Lmax = X f AC L 
Acw = -(1 - X f ) ^ 

^ La 


where Sf /S is the ratio of flap area to wing area. 


7-9 Drag 


Each component can contribute drag to the aircraft. A fixed drag can be specified, as a drag area 
D/q; or the drag can be scaled, specified as a drag coefficient C D based on an appropriate area S. There 
may also be other ways to define a scaled drag value. For fixed drag, the coefficient is C D = ( D/q)/S 
(the aerodynamic model is formulated in terms of drag coefficient). For scaled drag, the drag area 
is D/q = SC D . For all components, the drag {D/q ) c omp or C Dconip is defined for forward flight or 
cruise; typically this is the minimum drag value. For some components, the vertical drag ((D/q ) v comp or 
CWcomp) or sideward drag ((D/q)s CO m P or Ccscomp) is defined. For some components, the aerodynamic 
model includes drag due to lift, angle-of-attack, or stall. 

Table 7-2 summarizes the component contributions to drag, and the corresponding reference areas. 
If no reference area is indicated, then the input is only drag area D/q. An appropriate drag reference 
area is defined for each component, and either input or calculated. Wetted area is calculated for each 
component, even if it is not the reference area. The component wetted areas are summed to obtain the 
aircraft wetted area. Some of the weight models also require the wetted area. The component drag 
contributions must be consistent. In particular, a rotor with a spinner (such as on a tiltrotor aircraft) 
would likely not have hub drag. The pylon is the rotor support and the nacelle is the engine support. The 
drag model for a tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag), 
since the pylon is connected to the rotor-shaft axes; with non-tilting engines it would use the nacelle 
drag as well. 

Optionally the aircraft drag can be fixed. The quantity specified is the sum (over all components) 
of the drag area D/q (minimum drag, excluding drag due to lift and angle-of-attack), without accounting 
for interference effects on dynamic pressure. The input parameter can be D/q\ or the drag can be scaled, 
specified as a drag coefficient based on the rotor disk area, so D/q = A rtii C D (A ref is the reference rotor 
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disk area); or the drag can be estimated based on the gross weight, D/q = k{W M To/ 1000) 2 / 3 ( W M to is 
the maximum takeoff gross weight; units of k are feet 2 /kilo-pound 2 / 3 or meter 2 /Mega-gram 2 / 3 ). Based 
on historical data, the drag coefficient C D = 0.02 for old helicopters and Cd = 0.008 for current low-drag 
helicopters. Based on historical data. A; = 9 for old helicopters, k = 2.5 for current low-drag helicopters, 
k = 1.6 for current tiltrotors, and k = 1.4 for turboprop aircraft (English units). If the aircraft drag is 
input, then the fuselage contingency drag is adjusted so the total aircraft D/q equals the input value. 

Optionally the aircraft vertical drag (download fraction) can be fixed. The quantity specified is 
the sum over all components of the vertical drag area ( D/q ) v . The input parameter can be ( D/q ) v , or 
k = ( D/q) v /A iei (A ref is reference rotor disk area). Approximating the dynamic pressure in the wake 
as q = 1 /'2p(2vh) 2 = T/A rei , the download fraction is DL/T = q{D/q) v /T = k. If the aircraft vertical 
drag is input, then the fuselage contingency vertical drag is adjusted so the total aircraft ( D/q) v equals 
the input value. 

The nominal drag areas of the components and the aircraft are part of the aircraft description and 
are used when the aircraft drag is fixed. The nominal drag area is calculated for low-speed helicopter 
flight, for high-speed cruise flight, and for vertical flight. An incidence angle i is specified for the rotors, 
wings, and nacelles, to be used solely to calculate the nominal helicopter and vertical drag areas. The 
convention is that i = 0 if the component does not tilt. Table 7-3 summarizes the contributions to the 
nominal drag areas, with D for the drag in normal flow and D v for the drag in vertical flow. While 
vertical drag parameters are part of the aerodynamic model for the hub, pylon, and nacelle, aerodynamic 
interference at the rotor and at the engine group is not considered, so these terms do not contribute to 
download. In the context of download, only the fuselage, wing, tail, and contingency contribute to the 
nominal vertical drag. 

From the input and the current aircraft size, the drag areas D/q and coefficients Cd are calculated. 
The aerodynamic analysis is usually in terms of coefficients. If the aircraft drag is fixed for the aircraft 
model, then the fuselage contingency drag is set: 

(D/q) cont — (D/q ) fixed - D/q ) comp 

and similarly for fixed vertical drag. Note that this adjustment ignores changes caused by interference 
in the dynamic pressure and the velocity direction, which will affect the actual component drag. 

The component aerodynamic model calculates the drag, typically from a drag coefficient Cd, a 
reference area, and the air velocity of the component. The drag force is then D = Y qmmpS re fC D , where 
the dynamic pressure q co mp includes interference. From the aerodynamic forces and moments in wind 
axes, the total force and moment in body axes (F F and M F ) are calculated. For reference, the aircraft 
total drag and total drag area are 

D AC = J2 e dF[ 

(D/q) ac = D AC /q 

where the aircraft velocity (without interference) gives the direction e<j = —v AC /\v AC \ and dynamic 
pressure q = 1 /ip\v AC \ 1 • Here Fj is the component force in body axes that is produced only by the 
component drag. An overall-skin friction drag coefficient is then C D ac = (D/q) A Cwet/S A c, based 
on the aircraft wetted area S AC = Y 6' we t and excluding drag terms not associated with skin friction 
(specifically landing gear, rotor hub, and contingency drag). 
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Table 7-2. Component contributions to drag. 


component 

drag contribution 

reference area 

fuselage 

fuselage 
fuselage vertical 
fittings and fixtures 
rotor-body interference 
contingency (aircraft) 
payload increment (flight state) 

fuselage wetted area 
fuselage projected area 
fuselage wetted area 
fuselage wetted area 

landing gear 

landing gear 

— 

rotor 

hub, hub vertical 
pylon, pylon vertical 
spinner 

rotor disk area 
pylon wetted area 
spinner wetted area 

wing 

wing, wing vertical 
wing-body interference 

wing plan form area 
wing pi an form area 

tail 

tail, tail vertical 

tail plan form area 

engine 

nacelle, nacelle vertical 
momentum drag 

nacelle wetted area 

fuel tank 

auxiliaiy tank (flight state) 

— 


Table 7-3. Component contributions to nominal drag area. 


component 

drag contribution 

cruise 

helicopter 

vertical 

fuselage 

fuselage 

D 

D 

Dy 


fittings and fixtures 

D 

D 

D 


rotor-body int 

D 

D 

D 

landing gear 

landing gear 

D 

D 

0 


retractable 

0 

D 

0 

rotor 

hub 

D 

D cos 2 i + Dy sin 2 i 

0 


pylon 

D 

D cos 2 i + Dy sin 2 i 

0 


spinner 

D 

D 

0 

wing 

wing 

D 

D cos 2 i + Dy sin 2 i 

D sin 2 i + Dy cos 2 i 


wing-body int 

D 

D 

D 

tail 

horizontal tail 

D 

D 

Dy COS 2 (j) 

tail 

vertical tail 

D 

D 

Dy sin 2 (j) 

engine 

nacelle 

D 

D cos 2 i + Dy sin 2 i 

0 


contingency 

D 

D 

Dy 
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7-10 Performance Indices 

The following performance indices are calculated for the aircraft. The aircraft hover figure of merit 
is M = W y/ W/2pA re {/P . The aircraft effective drag is D e = P/V , hence the effective lift-to-drag ratio 
is L/D e = WV/P. Isolated rotor performance indices are described in chapter 1 1 . 

7-11 Weights 

The design gross weight W D is a principal parameter defining the aircraft, usually determined 
by the sizing task for the design conditions and missions. The aircraft weight statement defines the 
empty weight, fixed useful load, and operating weight for the design configuration. The aircraft weight 
statement is the sum of the weight statements for all the aircraft components, the component weight 
determined by input or by parametric calculations with technology factors. The definition of the weight 
terms is as follows. 


gross weight W G = W E + W UL = W 0 + W pay + W fue j 

operating weight Wo = W F + W FU l 

useful load W G l = Wful + W pay + Wf ue i 

where W E is the weight empty; W FUL the fixed useful load; W pay the payload weight; and Wf ue i the 
usable fuel weight. The weight empty consists of structure, propulsion group, systems and equipment, 
vibration, and contingency weights. If the weight empty is input, then the contingency weight is adjusted 
so W E equals the required value. If the design gross weight is input, then the payload or fuel weight 
must be fallout. 

The structural design gross weight W S d and maximum takeoff weight W M to can be input, or 
specified as an increment d plus a fraction / of a weight W: 

T,/ _ . . t _ f dsDGW + fsDGW Wq 

SD SDGW SDGW \ d S DGW + fsDGW {W D - Wf ue i + /f U elWf ue i_ cap ) 

ttt , . r , xr \ dwMTO + fwMToWn 

MTO WMTO WMTO | dwMTO + fwMTo(W G ~ Wf ue l + Wf ue l- C ap) 

This convention allows the weights to be input directly (/ = 0) or scaled with W D . For W SD , W is 
the design gross weight Wd, or Wd adjusted for a specified fuel state (input fraction of fuel capacity). 
The structural design gross weight is used in the weight estimation. For Wmto, W is the design gross 
weight Wd , or Wd adjusted for maximum fuel capacity. Alternatively, Wmto can be calculated as the 
maximum gross weight possible at a designated sizing flight condition. The maximum takeoff weight 
is used in the cost model, in the scaled aircraft and hub drag, and in the weight estimation. 

The design ultimate load factor n zu i t at the structural design gross weight Wsd is specified, in 
particular for use in the component weight estimates. The structural design gross weight Wsd and 
design ultimate load factor n zu i t are used for the fuselage, rotor, and wing weight estimations. The 
maximum takeoff weight Wmto is used for the cost and drag (scaled aircraft and hub), and for the 
weights (system, fuselage, landing gear, and engine group). 

The gross weight W G is specified for each flight condition and mission, perhaps in terms of the 
design gross weight W D . For a each flight state, the fixed useful load may be different from the design 
configuration because of changes in auxiliary-fuel-tank weight or kit weights or increments in crew or 
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furnishings weights. Thus the fixed useful load weight is calculated for the flight state; and from it the 
useful load weight and operating weight are calculated. The gross weight, payload weight, and usable 
fuel weight (in standard and auxiliary tanks) complete the weight information for the flight state. 

For each weight group, fixed (input) weights can be specified; or weight increments added to the 
results of the parametric weight model. The parametric weight model includes technology factors. 
Weights of individual elements in a group can be fixed by setting the corresponding technology factor 
to zero. 

For scaled weights of all components, the AFDD weight models are implemented. 

7-12 Weight Statement 

Aircraft weight information is stored in a data structure that follows SAWE RP8A Group Weight 
Statement format (ref. 3), as outlined in figure 7-2. The asterisks designate extensions of RP8A, for 
the purposes of this analysis. Typically only the lowest elements of the hierarchy are specified; higher 
elements are obtained by summation. Fixed (input) weight elements are identified in the data structure. 
A weight statement data structure exists for each component. The aircraft weight statement is the sum 
of the structures from all components. 


7-13 References 

1) McCormick, B.W.: Aerodynamics, Aeronautics, and Flight Mechanics. New York: John Wiley & 
Sons, Second Edition, 1995. 

2) Kuethe, A.M.; and Chow, C.-Y.: Foundations of Aerodynamics. New York: John Wiley & Sons, 
Fifth Edition, 1998. 

3) Weight and Balance Data Reporting Forms for Aircraft (including Rotorcraft), Revision A. Society 
of Allied Weight Engineers, Recommended Practice Number 8, June 1997. 
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WEIGHT EMPTY 
STRUCTURE 
wing group 

basic structure 
secondary structure 

fairings (*), fittings (*), fold/tilt (*) 
control surfaces 
rotor group 

blade assembly 
hub & hinge 

basic (*), fairing/spinner (*), blade fold (*) 
empennage group 
horizontal tail (*) 
vertical tail (*) 
tail rotor (*) 

blades, hub & hinge, rotor/fan duct & rotor supts 
fuselage group 
basic (*) 

wing & rotor fold/retraction (*) 
tail fold/tilt (*) 
marinization (*) 
pressurization (*) 
crashworthiness (*) 
alighting gear group 

basic (*), retraction (*), crashworthiness (*) 
engine section or nacelle group 

engine support (*), engine cowling (*), pylon support (*) 
air induction group 
PROPULSION GROUP 
engine system 
engine 

exhaust system 
accessories (*) 
propeller/fan installation 

blades (*), hub & hinge (*), rotor/fan duct & supports (*) 
fuel system 

tanks and support 
plumbing 
drive system 
gear boxes 
transmission drive 
rotor shaft 
rotor brake (*) 
clutch (*) 
gas drive 


Figure 7-2a. Weight statement (* indicates extension of RP8A). 
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SYSTEMS AND EQUIPMENT 
flight controls group 
cockpit controls 
automatic flight control system 
system controls 

fixed wing systems 

non-boosted (*), boost mechanisms (*) 
rotary wing systems 

non-boosted (*), boost mechanisms (*), boosted (*) 
conversion systems 

non-boosted (*), boost mechanisms (*) 
auxiliary power group 
instruments group 
hydraulic group 

fixed wing (*), rotary wing (*), conversion (*) 
equipment (*) 
pneumatic group 
electrical group 

avionics group (mission equipment) 
armament group 

armament provisions (*), armor (*) 
furnishings & equipment group 
environmental control group 
anti-icing group 

electrical system (*), anti-ice system (*) 
load & handling group 
VIBRATION (*) 

CONTINGENCY 
FIXED USEFUL LOAD 
crew 

fluids (oil, unusable fuel) (*) 
auxiliary fuel tanks 
other fixed useful load (*) 
furnishings increment (*) 
folding kit (*) 
wing extension kit (*) 
other kit (*) 

PAYLOAD 
USABLE FUEL 

standard tanks (*) 
auxiliary tanks (*) 

OPERATING WEIGHT = weight empty + fixed useful load 
USEFUL LOAD = fixed useful load + payload + usable fuel 

GROSS WEIGHT = weight empty + useful load 

GROSS WEIGHT = operating weight + payload + usable fuel 

Figure 7-2b. Weight statement (* indicates extension of RP8A). 
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Systems 


The systems component contains weight information (fixed useful load, vibration, contingency, 
and systems and equipment). 


8-1 Weights 

The weight empty consists of structure, propulsion group, systems and equipment, vibration, and 
contingency weights. The vibration control weight can be input, or specified as a fraction of weight 
empty: W vih = / V i b W s . The contingency weight can be input, or specified as a fraction of weight empty: 
W cont = f cont W E . However, if the weight empty is input, then the contingency weight is adjusted so 
W E equals the required value. The weights of all components are evaluated and summed, producing the 
aircraft weight empty less vibration and contingency weight, W x . Then: 

a) Fixed weight empty: W vih input or W vih = f vib W E ; W cont = W E - {W x + W vib ). 

b) Both fractional: W E = W x /{ 1 - /vib - fcont), W vib = f vib W E , W cont = f CO ntW E . 

c) Only vibration weight fractional: W cont input, W E = (W x + W cont )/(l - / vib ), 

W vib = f vib W E . 

d) Only contingency weight fractional: W vib input, W E = (W x + W V i b )/(l - / CO nt), 

Wc on t = /contWs. 

e) Both input: W vih and W cont input, W E = W x + W vib + W cont . 

Finally, the operating weight Wo = W E + Wful is recalculated. 

The fixed useful load Wful consists of crew (W crew ), trapped fluids (oil and unusable fuel, W tra p), 
auxiliary fuel tanks (W auxt ank), furnishings increment, kits (folding, wing extension, other), and other 
fixed useful load (WWLother)- W crew , W tra _ p , and Wfulo ther are input. For a each flight state, the fixed 
useful load may be different than the design configuration because of changes in auxiliary-fuel-tank 
weight, kit weight, and crew or furnishings weight increments. 

Folding weights can be calculated in several weight groups, including wing, rotor, and fuselage. 
These weights are the total weights for folding and the impact of folding on the group. A fraction 
/foidkit of these weights can be in a kit, hence optionally removable. Thus of the total folding weight, 
the fraction /foidkit is a kit weight in the fixed useful load of the weight statement, while the remainder 
is kept in the component group weight. 

Systems and equipment includes the following fixed (input) weights: auxiliary power group, instru- 
ments group, pneumatic group, electrical group, avionics group (mission equipment), armament group 
(armor and armament provisions), furnishings and equipment group, environmental control group, and 
load and handling group. Systems and equipment includes the following scaled weights: flight controls 
group, hydraulic group, and anti-icing group. 
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Flight controls group includes the following fixed (input) weights: cockpit controls and automatic 
flight control system. Fhght controls group includes the following scaled weights: fixed-wing systems, 
rotary-wing systems , and conversion or thrust-vectoring systems . Rotary- wing flight-control weights can 
be calculated for the entire aircraft (using rotor parameters such as chord and tip speed for a designated 
rotor), an approach that is consistent with parametric weight equations developed for conventional two- 
rotor configurations. Alternatively, rotary-wing flight control weights can be calculated separately for 
each rotor and then summed. The fixed-wing flight controls and the conversion controls can be absent. 



Chapter 9 


Fuselage 


There is one fuselage component for the aircraft. 

9-1 Geometry 


The fuselage length 4 US can be input or calculated. The calculated length depends on the longitudinal 
positions of all components. Let x max and a: m i n be the maximum (forward) and minimum (aft) position 
of all rotors, wings, and tails. Then the calculated fuselage length is 


ffus — 4ose (-Tn 


i) + 4ft 


The nose length f nose (distance forward of hub) and aft length f nose (distance aft of hub) are input, or 
calculated as f nose = / riose R and 4ft = f^R. Typically /aft = 0 or negative for the main rotor and tail 
rotor configuration, and / a ft = 0.75 for the coaxial configuration. The fuselage width io fus is input. 

The fuselage wetted area S wet (reference area for drag coefficients) and projected area Sp ro j (refer- 
ence area for vertical drag) are input (excluding or including the tail-boom terms); or calculated from 
the nose length: 

“Swet = /wet m nosehfus “1“ 24ose^fus ^fifusWJfug) b Cboom.R 
*^proj = /proj (4ose^fus) ^bo om.R 

using input fuselage height h; ns and factors / wet and / pro j; or calculated from the fuselage length: 

“^wet = /wet (24ushfus T" 2ff u5 Wf u5 + 2hf us Wf us ) + Cboom-R 

*^proj = /proj (ffus^fus) ^boom R 

Using the nose length and the tail-boom area is probably best for a single-main-rotor and tail-rotor 
helicopter. Here Cboom is the effective tail-boom circumference (boom wetted area divided by rotor 
radius), and w b oom is the effective tail-boom width (boom vertical area divided by rotor radius). 

The fuselage contribution to the aircraft operating length is Xf us + / re f4 U s (forward) and £f us — (1 — 
/ref )4us (aft)- Here / re f is the position of the fuselage aerodynamic reference location aft of the nose, as 
a fraction of the fuselage length. If the fuselage length is input, then / ref is input; if the fuselage length 
is calculated, then / re f — (^max T - 4ose -^fus)/ 4us* 


9-2 Control and Loads 

The fuselage has a position z F , where the aerodynamic forces act; and the component axes are 
aligned with the aircraft axes, C BF = I. The fuselage has no control variables. 
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9-3 Aerodynamics 

The aerodynamic velocity of the fuselage relative to the air, including interference, is calculated in 
component axes, v B . The angle-of-attack af us , sideslip angle /3f us (hence C BA ), and dynamic pressure 
q are calculated from v B . The reference area for the fuselage forward-flight drag is the fuselage wetted 
area S wet , which is input or calculated as described previously. The reference area for the fuselage 
vertical drag is the fuselage projected area S pTO j, which is input or calculated as described previously. 


9-3.1 Drag 

The drag area or drag coefficient is defined for forward flight, vertical flight, and sideward flight. 
In addition, the forward-flight drag area or drag coefficient is defined for fixtures and fittings, and 
for rotor-body interference. The effective angle-of-attack is a e = a fus - a Dmin , where a Dmin is the 
angle of minimum drag; in reverse flow (|a e | > 90), a e <— a e - 180signa e . For angles of attack less 
than a transition angle a t , the drag coefficient equals the forward-flight (minimum) drag Cdo, plus an 
angle-of-attack term. Thus if |a e | < a t 

C D = C D0 (1 + K d \a e \ x *) 


and otherwise 


Cm = Cdo (1 + Kd\(Xt\ Xd ) 

Cd = Cot + ( g™* Cdv ~ Cot] 
\ ^wet J 


sin 


( 7T \a e \ - a t \ 
V 2 tt/2 -at/ 


and similarly for the transition of payload drag (£>/g) pay and contingency drag (D/q) cont . Optionally 
there might be no angle-of-attack variation at low angles ( K d = 0), or quadratic variation (X d = 2). With 
an input transition angle, there will be a jump in the slope of the drag coefficient at a t . For a smooth 
transition, the transition angle that matches slopes as well as coefficients is found by solving 


2X d 


— la 




X d a t 


x d -i + ( 5 ’i 


proj 


/^wet )Cdv ~ Cdo 


K d Coo 


= 0 


This calculation of the transition angle is only implemented with quadratic variation, for which 


1 

a t = - 


1 + \ / 1 — a 


(^proj /^wet ) C DV C DO 

K d Cao 


with a = (4/7 r) - 1; a t is, however, required to be between 15 and 45 degree. For sideward flight 
(v B = 0) the drag is obtained using 4> v = tan - 1 (-i;f /v B ) to interpolate between sideward and vertical 
coefficients: 

Cd = Cds cos 2 <f) v + g proJ - Cdv sin 2 cj> v 

*^wet 

Then the drag force is 

D = qSwet (Cd + Cdo t + CdtO^ + q{{D/q) pay + {D/q) C ontj 

including drag coefficient for fixtures and fittings Cdo t and rotor-body interference C D rh (summed over 
all rotors); drag area of the payload (specified for flight state); and contingency drag area. 


9-3.2 Lift and Pitch Moment 

The fuselage lift and pitch moment are defined in fixed form (L/q and M/q), or scaled form 
(Cl and Cm, based on the fuselage wetted area and fuselage length). The effective angle-of-attack is 
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a e = af us - a z i , where a z i is the angle of zero lift; in reverse flow ( | eng | > 90) , a e ■*— a e - 1 80 signets . Let 
a max be the angle-of-attack increment (above or below zero lift angle) for maximum lift. If |a e | < a max 


Cl — C La^e 
Cm = CmO + CMaOte 


and otherwise 


Cl f^La^maxSignCKg 


f tt/ 2 - |o? e | \ 

V Tf / 2 | OL max [ / 


Cm — ( Cm o "f Cm a o max^i gnf> f ) 


{ tt/ 2 - |Oe| \ 

V 71 ’/^ | ttmax | / 


for zero hft and moment at 90 degree angle-of-attack. In sideward flight, these coefficients are zero. 
Then L = qS wet C L and M = qS wet £f us CM are the lift and pitch moment. 


9-33 Side Force and Yaw Moment 

The fuselage side force and yaw moment are defined in fixed form (Y/q and N/q), or scaled form 
(Cy and C N , based on the fuselage wetted area and fuselage length). The effective sideslip angle is 
0 e = /3f us - Pzy , where /3 zy is the angle of zero side force; in reverse flow (\/3 e \ > 90), (3 e <— /3 e — 180 sign/3 e . 
Let /3 max be the sideslip-angle increment (above or below zero side-force angle) for maximum side force. 

If |/3e| < Anax 

Cy = C N p(H e 
Cn = Cno + CupPe. 

and otherwise 

Cy = C Y p /3 max sign/3 e f ^ 2 _~f el 

\7T/ 2 | Pmax 

Cn = ( C N0 + C w/3 /3 max sign/3 e ) ( e| 

\7Y/2 |Pmax 

for zero side force and yaw moment at 90 degree sideslip angle. Then Y = qS we t Cy and N = qS wet £f us CN 
are the side force and yaw moment. The roll moment is zero. 


9-4 Weights 

The fuselage group consists of the basic structure; wing and rotor fold/retraction; tail fold/tilt; and 
marinization, pressurization, and crashworthiness structure. 
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Chapter 10 


Landing Gear 


There is one landing-gear component for the aircraft. The landing gear can be located on the body 
or on the wing. The landing gear can be fixed or retractable; a gear retraction speed is specified (CAS), 
or the landing-gear state can be specified in the flight state. 

10-1 Geometry 

The landing gear has a position z F , where the aerodynamic forces act. The component axes are 
aligned with the aircraft axes, C BF = I. The landing gear has no control variables. The height of the 
bottom of the landing gear above ground level, h L a, is specified in the flight state. The landing-gear 
position z F is a distance <1lg above the bottom of the gear. 

10-1.1 Drag 

The drag area is specified for landing gear extended, (D/q) L c- The velocity relative to the air at 
z F gives the drag direction e d = —v F /\v F \ and dynamic pressure q = 1 / 2 p\v F \' 2 (no interference). Then 

F F = e d q{D/q) LG 


is the total drag force. 


10-2 Weights 


The alighting gear group consists of basic structure, retraction, and crashworthiness structure. 
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Chapter 1 1 


Rotor 


The aircraft can have one or more rotors , or no rotors . In addition to main rotors , the rotor component 
can model tail rotors, propellers, proprotors, ducted fans, thrust vectoring rotors, and auxiliary-thrust 
rotors. The principal configuration designation (main rotor, tail rotor, or propeller) is identified for 
each rotor component, and in particular determines where the weights are put in the weight statement 
(summarized in table 11-1). Each configuration can possibly have a separate performance or weight 
model, which is separately specified. Antitorque rotors and auxiliary-thrust rotors can be identified, for 
special sizing options. Other configuration features are variable diameter, and ducted fan. 

Multi-rotor systems (such as coaxial or tandem configuration) are modeled as a set of separate rotors , 
in order to accommodate the description of the position, orientation, controls, and loads. Optionally the 
location of the center of the rotor system can be specified, and the rotor locations calculated based on 
input separation parameters. The performance calculation for twin rotor systems can include the mutual 
influence of the induced velocity on the power. 

The main rotor size is defined by the radius R or disk loading W/A, thrust-weighted solidity a, 
hover tip speed K ip , and blade loading C w /o = W/pAV£ p cr. With more than one main rotor, the disk 
loading and blade loading are obtained from an input fraction of design gross weight, W = fwW D . 
The air density p for CV/ct is obtained from a specified takeoff condition. If the rotor radius is fixed 
for the sizing task, three of (R or W/A), C w /a, V tip , u are input, and the other parameters are derived. 
Optionally the radius can be calculated from a specified ratio to the radius of another rotor. If the 
sizing task determines the rotor radius (R and W/A), then two of Cw/cr, Vf ip , a are input, and the other 
parameter is derived. The radius can be sized for just a subset of the rotors, with fixed radius for the 
others. 

For antitorque and auxiliary-thrust rotors, three of ( R or W/A), C w /&, Vtip. a are input, and the 
other parameters are derived. Optionally the radius can be calculated from a specified ratio to the radius 
of another rotor. The disk loading and blade loading are based on fT, where / is an input factor and T 
is the maximum thrust from designated design conditions. Optionally the tail-rotor radius can be scaled 
with the main-rotor radius: R = fR mi ( 0.1348 + 0.0071 W/A), where / is an input factor and the units of 
disk loading W/A are pound/feet 2 . Figure 1 1-1 is the basis for this scaling. 


Table 11-1. Principal configuration designation. 


configuration 

weight statement 

weight model 

performance model 

main rotor 

rotor group 

rotor 

rotor 

tail rotor 

empennage group 

tail rotor 

rotor 

propeller 

propulsion group 

rotor, aux thrust 

rotor 
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Figure 11-1. Tail-rotor radius scaling. 


11-1 Drive System 

The drive system defines gear ratios for all the components it connects. The gear ratio is the ratio 
of the component rotational speed to that of the primary rotor. There is one primary rotor per propulsion 
group (for which the reference tip speed is specified); other components are dependent (for which a gear 
ratio is specified). There can be more than one drive-system state, in order to model a multiple-speed or 
variable-speed transmission. Each drive-system state corresponds to a set of gear ratios. 

For the primary rotor, a reference tip speed Vtip-ref is defined for each drive-system state. By 
convention, the “hover tip speed” refers to the reference tip speed for drive state #1 . If the sizing task 
changes the hover tip speed, then the ratios of the reference tip speeds at different engine states are kept 
constant. By convention, the gear ratio of the primary rotor is r = 1. For dependent rotors, either the 
gear ratio is specified (for each drive-system state) or a tip speed is specified and the gear ratio calculated 
(r = fldep/Hprim>fl = V tip _ re{ /R). For the engine group, either the gear ratio is specified (for each drive- 
system state) or the gear ratio calculated from the specification engine turbine speed fl spec = (2n/ 60)A 7 spec 
and the reference tip speed of the primary rotor (r = n spec /fip rim , fl prim = Vtip-ref/#). The latter option 
means the specification engine turbine speed AT spec corresponds to Vti P _ re f for all drive-system states. 
To determine the gear ratios, the reference tip speed and radius are used, corresponding to hover. 

The flight state specifies the tip speed of the primary rotor and the drive-system state, for each 
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propulsion group. The drive-system state defines the gear ratio for dependent rotors and the engine 
groups. From the rotor radius the rotational speed of the primary rotor is obtained (O prim = y tip //?.); 
from the gear ratios, the rotational speed of dependent rotors (fldep = rfl prim ) and the engine groups 
(N = (60/27r)r e ngf!priin) are obtained; and from the rotor radius, the tip speed of the dependent rotor 
(Kip = fldepR) is obtained. The flight-state specification of the tip speed can be an input value; the 
reference tip speed; a function of flight speed or a conversion schedule; or one of several default values. 
These relationships between tip speed and rotational speed use the actual radius of the rotors in the flight 
state, which for a variable-diameter rotor may not be the same as the reference, hover radius. 

An optional conversion schedule is defined in terms of two speeds: hover and helicopter mode for 
speeds below Kcwer , cruise mode for speeds above Vc C ruise» and conversion mode for speeds between 
Vchover and Vccruise- The tip speed is Kip-hover in helicopter and conversion mode, and Kip-cruise in 
airplane mode. Drive-system states are defined for helicopter, cruise, and conversion-mode flight. The 
flight state specifies the nacelle tilt angle, tip speeds, control state, and drive-system state, including the 
option to obtain any or all of these quantities from the conversion schedule. 

Several default values of the tip speed are defined for use by the flight state, including cruise, 
maneuver, one-engine inoperative, drive-system limit conditions, and a function of flight speed (piece- 
wise linear input). Optionally these default values can be input as a fraction of the hover tip speed. 
Optionally the tip speed can be calculated from an input C T /v = to - /xii, from p = V/V tip , or from 
M at = M ti p y / ( 1 + /x) 2 + /x2; from which Kip = \/T/pAat 0 + (Kti/2t 0 ) 2 + (Kti/2t 0 ), Kip = K//i, or 
Kip = v'(c s M ot ) 2 - V? - K. 

The sizing task might change the hover tip speed (reference tip speed for drive-system state #1), 
the reference tip speed of a dependent rotor, a rotor radius, or the specification engine turbine speed 
7V S pec . In such cases the gear ratios and other parameters are recalculated. Note that it is not consistent 
to change the reference tip speed of a dependent rotor if the gear ratio is a fixed input. 

11-2 Geometry 


The rotor rotation direction is described by the parameter r: r = 1 for counter-clockwise rotation, 
and r = -1 for clockwise rotation (as viewed from the positive thrust side of the rotor). 

The rotor solidity and blade mean chord are related by a = Nc/ttR; usually thrust-weighted values 
are used, but geometric values are also required by the analysis. The mean chord is the average of 
the chord over the rotor blade span, from root cutout to tip. The thrust-weighted chord is the average 
of the chord over the rotor blade span r, from root cutout to tip, weighted by r 2 . A general blade 
chord distribution is specified as c(r) = c re fc(r ) , where c re f is the thrust-weighted chord. Linear taper is 
specified in terms of a taper ratio t = c t i P /c root , or in terms of the ratio of thrust-weight and geometric 
chords, / = otfog = c.75ij/c.50fl. 

The rotor hub is at position z[ ub . Optionally, a component of the position can be calculated, 
superseding the location input. The calculated geometry depends on the configuration. For a coaxial 
rotor, the rotor separation is s = \k T C SF (z F ubl — z F uh2 )/(2R)\ (fraction rotor diameter), or the hub 
locations are calculated from the input separation s, and the input location midway between the hubs: 


^hub 


Center ± C 


FS 


0 

0 

sR 
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For a tandem rotor, the rotor longitudinal overlap is o = At/ (2 R) = 1 - t/(2 R) (fraction rotor diameter), 
or the hub locations are calculated from the input overlap o, and the input location midway between the 
hubs: 

‘Thub = ^center i R(1 o) 

For a tail rotor, the longitudinal position can be calculated from the main-rotor radius R, tail-rotor radius 
R tr , and tail-otor/main-rotor clearance d tr : 


•Khubtr — *Thub mr ( Rmr "f“ dfr "f“ Rtr ) 

For a tiltrotor, the lateral position can be calculated from the rotor radius R (cruise value for variable- 
diameter rotor), fuselage/rotor clearance d (ns , and fuselage width w fus : 


2/hub — ^ (,/ R “i“ df ua -{- / 2 ?Cf us ) 


with the pivot, pylon, and nacelle center-of-gravity lateral positions adjusted to keep the same relative 
position to the hub. The calculated clearance between the rotor and fuselage is d( us = | j/hub | — (1?+ 1 hwf us ) . 
Alternatively for a tiltrotor, the lateral position can be calculated from the wing span, t/hub = ± b/ 2, so 
the rotors are at the wing tips; or from a designated wing-panel edge, yhub = ± rj p (b/2). 


For twin rotors (tandem, side-by-side, or coaxial), the overlap is o = A£/(2R) = 1 - t/(2R) 
(fraction of diameter; 0 for no overlap and 1 for coaxial), where the hub-to-hub separation is £ = 
[(zhubi - £hub 2 ) 2 + (z/hubi - ?/hub 2 ) 2 ] 1/2 (f = 2R for no overlap and £ = 0 for coaxial). The overlap area 
is rnA, with A the area of one rotor disk and 


2 


m = — 
7 r 


cos-\e/2R) - {£/2R)^l - (£/2R) 2 


The vertical separation is s = |^h u bi - -Zhub2|/(2/i). 


The reference areas for the component drag coefficients are the rotor disk area A = nR 2 (for 
hub drag), pylon wetted area 5 pylon , and spinner wetted area S s pin . The pylon wetted area is input, 
or calculated from the drive system (gear box and rotor shaft) weight, or from the drive-system plus 
engine-system (engine, exhaust, and accessories) weight: 

*^pylon — ^ (^/Arotor) 

where w = W g b rs or w = W g b rs + J2 W E s, and the units of k are feet 2 /pound 2 / 3 or meter 2 /kilogram 2 / 3 . 
The pylon area is included in the aircraft wetted area if the pylon drag coefficient is nonzero. The spinner 
wetted area is input, or calculated from the spinner frontal area: 


'S’spin — / (^-^spin) 


where Rs P i n is the spinner radius, which is specified as a fraction of the rotor radius. 


The rotor contribution to the aircraft operating length and width is calculated from the locus of 
the rotor disk: zaisk = -Zhub + RC FS (cosip sin^0) r . The longitudinal distance from the hub position is 
Ax = R(a cos tp + b sin ip) , so the maximum distance is Ax = ±R\/a? + b 2 . The lateral distance from the 
hub position is Ay = R(c cos ip + d sin ip) , so the maximum distance is Ay = ±i?i/ c 2 + d 2 . 


11-3 Control and Loads 

The rotor controls consist of collective, lateral cyclic, longitudinal cyclic, and perhaps shaft inci- 
dence (tilt) and cant angles. Rotor cyclic control can be defined in terms of tip-path plane or no-feathering 
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plane command. The collective control variable is the rotor thrust amplitude T or C T / o (in shaft axes), 
from which the collective pitch angle can be calculated. This approach eliminates an iteration between 
thrust and inflow, and allows thrust limits to be applied directly to the control variable. 

The relationship between tip-path plane tilt and hub moment is M = /^ftO 2 ^ 2 - l)/3 = if hub/3, 
where N is the number of blades, 0 the rotor speed, and v the dimensionless fundamental flap frequency. 
The flap moment of inertia ft is obtained from the input Lock number: 7 = pacft 4 /ft, for SLS density 
p and lift-curve slope a = 5.7. The flap frequency and Lock number are specified for hover radius and 
rotational speed. The flap frequency and hub stiffness are required for the radius and rotational speed 
of the flight state. For a hingeless rotor, the blade-flap spring is K a ap = I b Q 2 (u 2 - 1), obtained from the 
hover quantities; then if hub = yffflap and 


v 


2 


1 + 


-If flap 

w 


For an articulated rotor, the hinge offset is e = Rx/(1 + x ) , x = |(i / 2 - 1 ) from the hover quantities; then 



e/R 

l-e/R 


and if hub = ^ftfl 2 ^ 2 - 1), using I b from 7 (and scaled with R for a variable diameter rotor) and Q for 
the flight state. 


Optionally the rotor can have a variable diameter. The rotor diameter is treated as a control, allowing 
it to be connected to an aircraft control and thus set for each flight state. The basic variation can be 
specified based on the conversion schedule, or input as a function of flight speed (piecewise linear input) . 
For the conversion schedule, the rotor radius is fthover for speeds below Fewer, demise = /fthover for 
speeds above Fc C rui Se , and linear with flight speed in conversion mode. During the diameter change, the 
chord, chord radial distribution, and blade weight are assumed fixed; hence solidity scales as a ~ 1 /ft, 
blade-flap moment of inertia as I b ~ R 2 , and Lock number as 7 ~ ft 2 . 


11-3.1 Tip-Path Plane Command 

Tip-path plane command is characterized by direct control of the rotor thrust magnitude and the 
tip-path plane tilt. This control mode requires calculation of rotor collective and cyclic pitch angles 
from the thrust magnitude and flapping. 

a) Collective: magnitude of the rotor thrust T or C T /& (shaft axes). 

b) Cyclic: tilt of the tip-path plane, hence tilt of the thrust vector; longitudinal tilt /3 C 
(positive forward) and lateral tilt /3 a (positive toward retreating side). Alternatively, 
the cyclic control can be specified in terms of hub moment or lift offset, if the 
blade-flap frequency is greater than 1 /rev. 

c) Shaft tilt: shaft incidence (tilt) and cant angles, acting at a pivot location. 

The relationship between tip-path plane tilt and hub moment is M = if hub /3, and between moment and 
lift offset is M = o(TR). Thus the flapping is 

{ \ = 1 ( rM x \ = TR f ° X \ 

\Pc) ifhub \-My) if hub \-Oy) 

for hub moment command or lift offset command, respectively. 
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11 -3.2 No-Feathering Plane Command 

No-feathering plane command is characterized by control of rotor cyclic pitch angles and direct 
control of the rotor thrust magnitude. This control mode requires calculation of rotor collective pitch 
angle and tip-path plane tilt from the thrust magnitude and cyclic control, including the influence of 
inflow. 


a) Collective: magnitude of the rotor thrust T or C T /o (shaft axes). 

b) Cyclic: tilt of the no-feathering plane, usually producing tilt of the thrust vector; 
longitudinal cyclic pitch angle 8 a (positive aft) and lateral cyclic pitch angle 0 C 
(positive toward retreating side). 

c) Shaft tilt: shaft incidence (tilt) and cant angles, acting at a pivot location. 

11-33 Aircraft Controls 

Each control can be connected to the aircraft controls cac- c = c 0 + STcac , with co zero, constant, or 
a function of flight speed (piecewise linear input). The factor S can be introduced to automatically scale 
the collective matrix: S = a/6 = 1/60 if the collective control variable is Ct/ct, S = pV^ p A b \ a A e {a/6) 
if the collective control variable is rotor thrust T. For cyclic matrices, S = 1 with no-feathering plane 
command, and S = -1 for tip-path plane command. 

11-3.4 Rotor Axes and Shaft Tilt 

The rotor hub is at position z F ub , where the rotor forces and moments act; the orientation of the rotor 
shaft axes relative to the aircraft axes is given by the rotation matrix C SF . The pivot is at position z F Wot . 
The hub or shaft axes S have origin at the hub node; the z-axis is the shaft, positive in the positive thrust 
direction; and the z-axis downstream or up. The rotor orientation is specified by selecting a nominal 
direction in body axes (positive or negative x, y, or z-axis) for the positive thrust direction; the other two 
axes are then the axes of control. For a main rotor the nominal direction would be the negative z-axis; 
for a tail rotor it would be the lateral axis (ry- axis, depending on the direction of rotation of the main 
rotor); and for a propeller the nominal direction would be the positive z-axis. This selection defines a 
rotation matrix W from F to S axes. The hub and pivot axes have a fixed orientation relative to the body 
axes: 

hub incidence and cant: C HF = Ug h V^, h 

pivot dihedral, pitch, and sweep: C PF = X < j >h Y 0h Z^ p 

where U and V depend on the nominal direction, as described in table 1 1-2. The shaft control consists 
of incidence and cant about the pivot axes, from reference angles i ref and c re f: 

f-^COIlt iref ^c— Cref 

For a tiltrotor aircraft, one of the aircraft controls is the nacelle angle, with the convention a ti i t = 0 for 
cruise, and a t iit = 90 degree for helicopter mode. The rotor-shaft incidence angle is then connected to 
atilt by defining the matrix T* appropriately. For the locations and orientation input in helicopter mode, 
i ie f = 90. Thus the orientation of the shaft axes relative to the body axes is: 


C SF = WC HF C FP C cont C PF 
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or just C SF = WC HF with no shaft control. From the pivot location z F vot and the hub location for the 


reference shaft control z F uh0 , the hub location in general is 


<ub = 4vot + (C FP C cont C PF ) T (z£ uh0 - z F vot ) 


Similarly, the pylon location and nacelle center-of-gravity location can be calculated for given shaft 
control. The shift in the aircraft center of gravity produced by nacelle tilt is 

W{z F g - z F 0 ) = W move (z F ac - z^o) = W move (C FP C F ont C PF - I) (z F ac0 - z F mt ) 

where W is the gross weight and tf move the weight moved. Table 11-2 summarizes the geometry options . 


Table 11-2. Rotor-shaft axes. 
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11-35 Hub Loads 

The rotor controls give the thrust magnitude and the tip-path plane tilt angles [3 C and fi s , either 
directly or from the collective and cyclic pitch. The forces acting on the hub are the thrust T, drag H, 
and side force Y (positive in z,x, y - axis directions respectively). The hub pitch and roll moments are 
proportional to the flap angles. The hub torque is obtained from the shaft power P s h a ft and rotor speed 
12. The force and moment acting on the hub, in shaft axes, are then: 


"-(IM-L) 

( M x \ ( K hub (r/3 s ) \ 
M s = M y = K huh (-&) 

\ ~ r Q / \ r -^shaft/12 ) 






84 


Rotor 


The force includes a term proportional to the rotor thrust and an input blockage factor f B = A T/T > 0. 
This term accounts for blockage or download, as an alternative to including the drag of the fuselage 
or a lifting surface in the aircraft trim. For example, /b can model the tail-rotor blockage caused by 
operation near the vertical tail. The rotor loads in aircraft axes acting at the center of gravity are then: 

F f = c fs f s 

m f = C fs M s -I- A 7 f F f 


where A z F = z F ub - z F . 

The wind axis lift L and drag X are calculated from the net rotor-hub force F F and the rotor velocity 
v F . The velocity relative to the air gives the propulsive-force direction e p = v F /\v F \ (no interference) 
and the velocity magnitude V = \v F \ . The drag and lift components of the force are X = -e p F F and 
L = | (7 - e v e F ')F F \, respectively. Thus XV = -(v F ) T F F and L 2 = |P F | 2 -|X| 2 . The rotor contribution 
to vertical force is the 2 -axis component of the force in inertial axes, F v = -k T C IF F F . 

11-4 Aerodynamics 

The rotor velocity relative to the air is v F = v F c + uj f c Az f in aircraft axes. The velocities in shaft 
axes are 

/ -fix \ 

v s = C SF v F = f IR f r/Xy \ lj s = C sf lj f c = Q 

where flR is the rotor tip speed. The advance ratio /x, inflow ratio A, and shaft angle-of-attack a are 
defined as 

A = + fi z 

a = tan _1 (/Xx//x) 

The blade velocity relative to the air has the maximum amplitude (advancing tip velocity) of /x ot = 
y/(l + (j,) 2 + /x 2 , from which the advancing tip Mach number is M at = M tip /i ot , using the tip Mach 
number M tip = (QR)/c s . The rotor thrust coefficient is defined as C T = T/pA(QR) 2 . The dimensionless 
ideal induced velocity Aj is calculated from /x, /x z , and C T \ then the dimensional velocity is Vi = ORA*. 
The ideal induced power is then Pideai = Tvi. Note that for these inflow velocities, the subscript “i” 
denotes “ideal.” The ideal induced velocity could be solved based on the reference velocity Vh rather 
than the tip speed flR, but the advance ratio is required for other purposes as well. 

11-4.1 Ideal Inflow 

The ideal wake-induced velocity is obtained from the momentum theory result of Glauert: 

, . Ct s\l 

‘ 2^/X 2 + p? yA 2 + (i 2 

where A = A, + /x z , A^ = \C T \/2 (Xh is always positive) and s = sign C T . This expression is generalized 
to 



A i — A h S -^(m/ A ht Sf-Lz/ A/i) 
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If 11 is zero, the equation for A* can be solved analytically. Otherwise, for non-axial flow, the equation 
is written as follows: 


A = 


\/A 2 + n 7 


+ fj-z 


Using A instead of A* as the independent variable simplifies implementation of the ducted fan model. A 
Newton-Raphson solution for A gives: 


sA 

V x l + A 


An+l A„ 


An A in 

1 + X in X n/{ X l + M 2 ) 


/ 


A relaxation factor of / = 0.5 is used to improve convergence. Three or four iterations are usually 
sufficient, using 


*A l 


\J (s\ h + H z ) 2 + /i 2 


+ Hz 


to start the solution. To eliminate the singularity of the momentum theory result at ideal autorotation, 
the expression 


A — At z 


0.373// 2 + 0.598/i 2 

A h 


0.991 


is used when 

1.5/i 2 + (2 sfi z + 3A h ) 2 < A^ 


The equation A = n z {anl - b\% + c^ l )/X\ is an approximation for the induced power measured in the 
turbulent-wake and vortex-ring states. Matching this equation to the axial-flow momentum theory result 
at n z = -2\ h and n z = -A h gives a = \/5/6 = 0.3726780 and b = (4\/5 - 3)/6 = 0.9907120. Then 
matching to the forward-flight momentum theory result at (/z = A/ t , n z = -1.5A/0 gives c = 0.5980197. 
For axial flow (// = 0) the solution is: 



A = 


Vz 


0.373/i 2 


- 0.991 


Xh ^ SfA z 


2A h < sfi z < Xh 


Note that A* and Vi are the ideal induced velocities; additional factors are required for the wake-induced 
velocity or induced power calculations. 


11-4.1 .1 Ducted Fan 

Rotor momentum theory can be extended to the case of a ducted fan. Consider a rotor system with 
disk area A, operating at speed V, with an angle a between V and the disk plane. The induced velocity 
at the rotor disk is v, and in the far wake w = fwv. The far-wake area is = A/f A . The axial velocity 
at the fan is fvzV z , with f Vz accounting for acceleration or deceleration through the duct. The edgewise 
velocity at the fan is fv x V x , with f Vx = 1.0 for wing-like behavior, or f Vx = 0 for tube-like behavior of 
the flow. The total thrust (rotor plus duct) is T, and the rotor thrust is T rotor = f T T. For this model, the 
duct aerodynamics are defined by the thrust ratio fr or far-wake area ratio f A , plus the fan velocity ratio 



86 


Rotor 


fv ■ The mass flux through the rotor disk is m = pAU = pA^U^, where U and are respectively the 
total velocity magnitudes at the fan and in the far wake: 

U 2 = ( f Vx V cos a) 2 + {fvzV since + v ) 2 
= ( V cos a) 2 + (V since + w) 2 

Mass conservation (J A = A/A^ = U^/U) relates f a and f w . Momentum and energy conservation give 

T = mw = pAUoow/ f A = pAUfwv 
P = ^ mw ( 2V since + w) = T (v since + ^ 

With these expressions, the span of the lifting system in forward flight is assumed equal to the rotor 
diameter 2 R. Next it is required that the power equals the rotor induced and parasite loss: 


P = T rotor (f Vz V since + v) = Tf T (f Vz V since + v) 


In axial flow, this result can be derived from Bernoulli's equation for the pressure in the wake. In 
forward flight, any induced drag on the duct is being neglected. From these two expressions for power, 
V z + f w v/2 = f T {fvzV z + v ) is obtained, relating f T and f w . With no duct (f T = fvx = fvz = 1), 
the far-wake velocity is always w = 2v, hence fw = 2. With an ideal duct (/a = fvx = fvz = 1), the 
far-wake velocity is J w = 1- In hover (with or without a duct), fw = Ia = 2 f T and v = \j2j f w vh- The 
rotor ideal induced power is Pideai = Tw/2 = faTv, introducing the duct factor f D = fw/2. 


For a ducted fan, the thrust Ct is calculated from the total load (rotor plus duct). To define the duct 
effectiveness, either the thrust ratio fr = T xotov /T or the far-wake area ratio f A = A/A^ is specified 
(and the fan velocity ratio f v ). The wake-induced velocity is obtained from the momentum theory result 
for a ducted fan: \' 2 h = (/w^i/ 2 )\/(/vxA t ) 2 + (/vzMz + \) 2 - If the thrust ratio f T is specified, this can 
be written 


fvz^z — 


y/ifvzVz + Ai ) 2 -I- (jVx/i ) 2 fr 


In this form. A* can be determined using the free-rotor expressions given previously: replacing \ 2 h , p z , 
p, A with respectively A \/ fr, Vz/ fr, fvxV, fvzVz + Then from A, the velocity and area ratios are 
obtained: 


fw = 2 ( /t - (1 - frfvz ) 


Vz 


f A = 


V 2 + (Vz + fw Ai ) 2 


( fvxV ) 2 + ifvzVz + A j ) 2 

If instead the area ratio f A is specified, it is simplest to first solve for the far-wake velocity fwK'- 


Vz + fw^i 


sAfr2/yt 

ViVz + fw^i ) 2 +V 2 


+ Vz 


In this form, fwK can be determined using the free-rotor expressions given previously: replacing \ 2 h , A 
with respectively A^2 f A , p z + fwK- The induced velocity is 


( fvzVz + A *) 2 = -^2 [v 2 + (Vz + jWAi) 2 ] - {fvxV ) 2 
Ja 
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The velocity ratio is fw = {fwK)/^i, and 


, . _ fJ-z + /wAj/2 

T fvzfJ-z + A i 

is the thrust ratio. However, physical problems and convergence difficulties are encountered with this 
approach in descent, if an arbitrary value of f T is permitted. From the expression for f T , f T should 
approach 1 / f Vz at high rates of climb or descent. To avoid problems with an arbitrary value of fx, it is 
assumed that the input value of fx defines the velocity ratio fw = 2 fx in descent. So in descent fi z is 
not replaced by n 2 /fx- 

11-4.1.2 Ground Effect 

The wake-induced velocity is reduced when the rotor disk is in the proximity of the ground plane. 
Ground effect in hover can be described in terms of the figure of merit M = (T 3 / 2 / v / 2p/i) /P as a function 
of scaled rotor height above the ground, z g /D = z g /2R. Usually the test data are given as the ratio of the 
thrust to out-of-ground-effect (OGE) thrust, for constant power: T/T, x = ( M/M ^ ) 2 / 3 = n g > 1. The 
effect on power at constant thrust is then P = Poof g , where /. = « S “ 3/2 < I- Ground effect is generally 
negligible at heights above z g /D = 1.5 and at forward speeds above /x = 3A/,. 

The ground plane is assumed to be perpendicular to the inertial-frame 2 -axis. The ground normal 
(directed downward) is k F = C FI k in airframe axes, or k g = C SF k F in rotor-shaft axes. The height 
of the landing gear above ground level, h LG , is specified in the flight state. The height of the rotor hub 
above ground level is then 

z g = h LG - (k F ) T {z F ub - z[ G ) + d LG 

where z[ G is the position of the landing gear in the airframe and cIlc is the distance from the bottom of 
the gear to the location zlg- From the velocity 



the angle e between the ground normal and the rotor wake is evaluated: cos e = (k^) T v s /\v s \ (e = 0 for 
hover,e = 90 degree in forward flight). Note that ifthe rotor shaftis vertical, then cose = A/yV 2 + A 2 (see 
ref. 1). The expressions for ground effect in hover are generalized to forward flight by using (z g / cos e) 
in place of z g . No ground-effect correction is applied if the wake is directed upward (cos e < 0), or if 
z g / cos e > 1.5j D. From z g /D cos e, the ground-effect factor f g = 3/2 is calculated. Then 

(Aj)lGE = fg (A,)oGE 


is the effective ideal induced velocity. 

Several empirical ground-effect models are implemented: from Cheeseman and Bennett (ref. 1 , 
basic model and using blade-element (BE) theory to incorporate influence of thrust); from Law (ref. 2); 
from Hayden (ref. 3); and a curve fit of the interpolation from Zbrozek (ref. 4): 
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3/2 


1 + 1.5 


(4%/H) 2 J 

aa\j 


- 3/2 


AC t (4 z g /R)\ 

1.0991 - 0.1042 /{z g /D) 


3/2 


[1 + (Ct/ct) (0.2894 - 0.3913/(z ff /Z))) J 

-l 


0.9926 + 


0.9122 + 


0.03794 


0.0544 

C z g /RWC T /a 


- 3/2 


Cheeseman and Bennett 
Cheeseman and Bennett (BE) 
Law 
Hayden 

Zbrozek 


These equations break down at small height above the ground, and so are restricted to z g /D > 0.15; 
however, the database for ground effect extends only to about z/D = 0.3. Also, f g < 1 is required. 
Figure 1 1-2 shows T/T (X , = K g = f g 2 ^ 3 as a function of z/R for these models ( Cr/cr = 0.05, 0.10, 0.15), 
compared with test data from several sources. 


11-4.1 .3 Inflow Gradient 

As a simple approximation to nonuniform induced velocity distribution, a linear variation over the 
disk is used: AA = \ x r cosip + \ y rsinip. There are contributions to AA from forward flight and from 
hub moments, which influence the relationship between flapping and cyclic. The linear inflow variation 
caused by forward flight is AA/ = Aj(/t x r cos ip + n y r smip ) , where A* is the mean inflow. Typically k x 
is positive, and roughly 1 at high speed; and n y is smaller in magnitude and negative. Both k x and n y 
must be zero in hover. Based on references 5-8, the following models are considered: 


Coleman and Feingold: 


White and Blake: 


k x o = / x ^^-tanx/2 = 5x——— r ^ 

32 32 V5?T5?+|A| 

Ky(} = 

«x0 = fx n/ 2 sin x = fxV2 r ^ = 

V M + A 2 

Ky() = —2fyll 


where tanx = |A|//z is the wake angle. Extending these results to include sideward velocity gives 
k x = (k x ofx x + and n y = (—K x oH y + n y o /i x )//t. For flexibihty, the empirical factors f x and f y 

have been introduced (values of 1 .0 give the baseline model). There is also an inflow variation produced 
by any net aerodynamic moment on the rotor disk, which can be evaluated using a differential form of 
momentum theory: 

fm 

AA m = - v. m - (-2C My r cosip + 2C M xfsmip) = \ xm r cosip + X ym rsmip 
y/n 2 + A 2 

including empirical factor f m . Note that the denominator of the hub-moment term is zero for a hovering 
rotor at zero thrust; so this inflow contribution should not be used for cases of low speed and low thrust. 
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Figure 11-2. Ground-effect models (hover). 


11-42 Rotor Forces 

Direct control of the rotor thrust magnitude is used, so the rotor collective pitch angle 0 o must be 
calculated from the thrust C T /v- If the commanded variable were the collective pitch angle, then it 
would be necessary to calculate the rotor thrust, resulting in a more complicated solution procedure; 
in particular, an iteration between thrust and inflow would be needed. There may be flight states 
where the commanded thrust can not be produced by the rotor, even with stall neglected in the section 
aerodynamics. This condition will manifest as an inability to solve for the collective pitch given the 
thrust. In this circumstance the trim method should be changed so the required or specified thrust is an 
achievable value. 

Cyclic control consists of tip-path plane command, requiring calculation of the rotor cyclic pitch 
angles from the flapping; or no-feathering plane command, requiring calculation of the tip-path plane tilt 
from the cyclic control angles. The longitudinal tip-path plane tilt is f3 c (positive forward) and the lateral 
tilt is ft s (positive toward retreating side). The longitudinal cyclic pitch angle is 0 S (positive aft), and the 
lateral cyclic pitch angle is 6 C (positive toward retreating side). Tip-path plane command is appropriate 
for main rotors. For rotors with no cyclic pitch, no-feathering plane command must be used. 
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The forces acting on the hub are the thrust T, drag H, and side force Y (positive in z, x, y- 
axis directions, respectively). The aerodynamic analysis is conducted for a clockwise rotating rotor, 
with appropriate sign changes for lateral velocity, flapping, and force. The analysis is conducted in 
dimensionless form, based on the actual radius and rotational speed of the flight state. The inplane hub 
forces are produced by tilt of the thrust vector with the tip-path plane, plus forces in the tip-path plane, 
and profile terms (produced by the blade drag coefficient). The orientation of the tip-path axes relative 
to the shaft axes is then C PS = X r pY_p c . Then 



C 


SP 



Cjrtpp \ / Cho \ 

+ I T'C'vtpp + rC Yo I 


0 / 


0 ) 


The inplane forces relative to the tip-path plane can be neglected, or calculated by blade-element theory. 
Note that with tip-path plane command and Cr t PP and Cy tpp neglected, it is not necessary to solve for 
the rotor collective and cyclic pitch angles. In general the inplane forces relative to the tip-path plane 
are not zero, and may be significant, as for a rotor with large flap stiffness. Figures 1 l-3a and b show 
respectively the tip-path plane tilt and thrust vector tilt with cyclic pitch control (no-feathering plane tilt) 
as functions of flap stiffness (frequency), for several rotor thrust values. The difference between tip-path 
plane tilt (fig. 1 l-3a) and thrust vector tilt (fig. 1 l-3b) is caused by tilt of the thrust vector relative to the 
tip-path plane. 

The profile inplane forces can be obtained from simplified equations, or calculated by blade-element 
theory. The simplified method uses: 


(cyl)-8 Qmeani?H (-^) 

where the mean drag coefficient c dmean is from the profile power calculation. The function F H ac- 
counts for the increase of the blade-section velocity with rotor edgewise and axial speed: C Ho = 
f ^acdU(rsmip + p)dr = f \<jCd{u Y -\-u\-\- Up) 1 / 2 (rsin '0 + p)dr\ so (from Harris) 


Fr = 4— f f ((r + p,smip) 2 + (/j, cos ip) 2 + /z 2 ) 1 ^ 2 (rsin^ + y) dr dip 
Jo J 0 


- v ' 1 + V 2 (V + + + (w** + JM 3 ) In 


VT+v^ + i 


with V ' 2 = /i 2 + /i 2 . 


11-43 Blade-Element Theory 

Blade-element theory is the basis for the solution for the collective and cyclic pitch angles (or flap 
angles) and evaluation of the rotor inplane hub forces. The section aerodynamics are described by lift 
varying linearly with angle-of-attack, q = cp, 0 a (no stall), and a constant mean drag coefficient Cd mean 
(from the profile power calculation). The analysis is conducted in dimensionless form (based on density 
p, rotor rotational speed fl, and blade radius R of the flight state). So in the following < 7 , v, and 7 are 
for the actual R and O, and a = 5.7 is the lift-curve slope used in the Lock number 7 . The blade-section 
aerodynamic environment is described by the three components of velocity, from which the yaw and 
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inflow angles are obtained, and then the angle-of-attack: 

ut = r + p x sin ip + p y cos ip 

u r = Mx cos ip — fiy sin ip 

up = A + r ($ + a x sin ip — a y cos ip) + upf3 


U 2 = u 2 t + u 2 p 
COS A = U/ + u 2 p + u 2 r 
cp = tan -1 Up j Up 
a = 6 — <p 


In reverse flow (|o| > 90), a <— a - 180signcc, and then a = ce a a still (airfoil tables are not used). The 
blade pitch consists of collective, cyclic, twist, and pitch-flap coupling terms. The flap motion is rigid 
rotation about a hinge with no offset, and only coning and once-per-revolution terms are considered: 


0 = Oq .75 + 6 tw + 6 C cos ip -I- 6 S sin ip - K P f3 
(3 = /3 0 + j3 c cos ip + ,6 S sin ip 


where K P = tan<5 3 . The twist is measured relative to 0.752?; 6 tw = 0 L (r - 0.75) for linear twist. The 
inflow includes gradients caused by edgewise flight and hub moments: 


A = fJ. z + Aj(l + K x rcosip + Kyrsimp) + AA m 

fm 

= Mz + Ai(l + K x r cos ip + K y rsmxp) -\ 171 (-2C My r cosip + 2C Mx rsmip) 

y> 2 + * 

From the hub moments 

f-C M y\ = ™ V 1 "I ( /?c\ 

V C Mx ) 2 7 \0s ) 

the inflow gradient is 


AA m = yJ “^/8~ ( r ^ cCOS ^ + rP s sinip) = Krn^-j^ (r/3 c cos ip + r/3 s sin ip) 

The constant K m is associated with a lift-deficiency function: 


1 + Km 1 + f m cra/ (8 yV 2 + ^ 2 ) 

The blade chord is c(r) = c re fc(r), where c re f is the thrust-weighted chord (chord at 0.752? for linear 
taper). Yawed flow effects increase the section drag coefficient, hence ca = Cdmean/ cos A. The section 
forces in velocity axes and shaft axes are 


L = i pU 2 cc t 
D = i pU 2 cc d 
2? = ^ pU 2 cc r = D tan A 


F z = L cos cp — D sirup = -pUc(ceUT — c d up) 
F x = L sirup + D cos <p = ^pU c{c(.up + c d ur) 
F r = —pF z + R= -pF z + i pUcc d u R 


These equations for the section environment and section forces are applicable to high inflow (large p z ), 
sideward flight (p y ), and reverse flow (u T < 0). The total forces on the rotor hub are 


T = N 


H = N 


Y = N 


J 

/ 

/ 


F z dr 

F x sin ip + F r cos ip dr 
—F x cos ip + F r sin ip dr 



Rotor 


93 


with an average over the rotor azimuth implied, along with the integration over the radius. Lift forces 
are integrated from the root cutout r roo t to the tip-loss factor B . Drag forces are integrated from the root 
cutout to the tip. 


In coefficient form (forces divided by pAV 2 p ) the rotor thrust and inplane forces are: 


Ct 

Ch 

Cy 


= <J I 
= G I 
= a I 


F z dr 

F x sin ip + F r cos ip dr 
—F x cos tp + F r sin ip dr 


F z = ^ cU(c e u T - c d u P ) 
F x = ^ cU(c t up + c d u T ) 
F r = ~(3F Z -)- ~cUc d u R 


(and the sign of C Y is changed for a clockwise rotating rotor). The terms A F x = F z f3 and A F r = -F z f3 
produce tilt of the thrust vector with the tip-path plane (Ch = -Ct(3 c and C Y = -Ct( 3 s ), which 
are accounted for directly. The section drag coefficient c d produces the profile inplane forces. The 
approximation u P = p, z is consistent with the simphfied method (using the function F H ), hence 


F xo = -cUac d UT 
F ro = -cUoc d UH 


Cho = cr J 
C Yo = cr J 


F xo sin ip + F ro cos ip dr 
—F xo cos ip + F ro sin ip dr 


a 


2 

cr 

2 


J cU 0 c d ( 
J cU 0 c d ( 


rsinip + fi x ) dr 
r cos ip + fiy ) dr 


where Uq = u}, + fi 7 z , and c d = c dmeail / cos A. Using blade-element theory to evaluate C Ho and C Yo 
accounts for the planform (c) and root cutout. Using the function F H implies a rectangular blade and no 
root cutout (plus at most a 1% error approximating the exact integration). The remaining terms in the 
section forces produce the inplane loads relative to the tip-path plane: 


Fxi = F x - F z $ - F xo = - cU C((u P - u T f3 ) + -cU c d ((l - U 0 /U)u T + up/3) 
F ri = F r + F Z P - F ro = -cU c d ( 1 — U 0 /U)u R 

C'ntpp = cr J F xi sin ip + F ri cos ip dr 
Cy tpp = CT J —F xi cos ip + F ri sin ip dr 

(including small profile terms from Uq^U). 


Evaluating these inplane forces requires the collective and cyclic pitch angles and the flapping 
motion. The thrust equation must be solved for the rotor collective pitch. The relationship between 
cyclic pitch and flapping is defined by the rotor- flap dynamics. The flap motion is rigid rotation about a 
central hinge, with a flap frequency v > 1 for articulated or hingeless rotors. The flapping equation of 
motion is 


(3 + v 2 (3 + 2 6iy sin ip + 2a x cos ip 


-U 


F z r dr + (v 2 - 1 )(3 P 


including precone angle (3 P \ the Lock number 7 = pac^FC / h- This equation is solved for the mean 
(coning) and 1 /rev (tip-path plane tilt) flap motion: 


sih = lj 


F z rdr+ (v 2 - 1 )(3 P 
2 cos ip 


F z r dr 


2 sin^ 


+ 


2ct 

2d. 
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with an average over the rotor azimuth implied. The solution for the coning is largely decoupled by 
introducing the thrust: 

I'oA) = | — + (i'o - l)/3 p + - [ Fz{r - 3/4) dr 
o aa a J 

A separate flap frequency u 0 is used for coning, in order to model teetering and gimballed rotors. For 
an articulated rotor, p p = 0 should be used. 

The thrust and flapping equations of motion that must be solved are: 



The solution v such that E(v) = 0 is required. For tip-path plane command, the thrust and flapping are 
known, sot; = (#0.75 6 C 6 S ) T . For no-feathering plane command, the thrust and cyclic pitch are known, so 
v = (60.75 Pc Ps) T ■ Note that since ci = ct a a is used (no stall), these equations are linear in 6. However, 
if dT/d6o.75 is small, the solution may not produce a reasonable collective. A Newton-Raphson solution 
method is used: from E(v n+ i) = E(v n ) + (dE / dv)(v n+ 1 - v n ) = 0, the iterative solution is 


V71 + 1 — V n C F(Vjp 

where C = f(dE/dv)~ 1 , including the relaxation factor /. The derivative matrix can be estimated from 
6a = 56 — (ut/U 2 )8u p and 8U = ( up/U)8u P , hence 


8F Z = i cc( a UT(a 5 U + USa) = ~cci a Uur6a = ^cQ a (Uut66 — (u P /U) 5 up) 

A A A 


with 


56 = 60.75 + 6 C cos ip + 6 g simp — K P (f 3 c cos ip + ( 3 S sin ip) 
5 up = 5 X + r 5(3 + up8P 


= r cos ip — r simp -\- ur cos tp'j p c + —^jrsimp + rcosip + u R simp^J ( 3 S 

For hover 5 F Z = \cct a (r 2 56 - r 5 u P ),md the derivatives are easily evaluated. Including axial flight gives 


8 Ef = eo 6 o .75 

(SMJtH 


)- 

n 

e P~ 

J 

_-ep 

n 


Pc 


where 


v 2 — 1 v 2 — 1 

n = — (1 + epKjn) + egKp = — /n + egK P 


7/8 


C7/8 


The constants are functions of \± z \ 

— e 0 = 3 [ Uu T dr = 3 [ r\J r 2 + (i 2 z dr = (1 + M*) 3 ^ 2 - \f*z 
C£a J J 


~~ eg = 4 J U u T r dr = A J r 2 y/ r 2 + dr = y/l + fi 2 z (l + - ^ 4 ln ^ 1 + 'j^ 1 | + — ^ 

£ = 4 / ^ /uy dr=i I wrw , dr = (' - 1" 2 ) + 1" 1 ln ( 1± ifr 3 ) 
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(all equal to 1 for p z = 0). Hence 


($0.75)n+l = ($0.75 )n E t 

eo 


n+1 


(X), 


f _( E c 

eg \E S 


for tip-path plane command; or 

($0.75)71+1 = ($0.75)7 


eo 


-E, 


n+1 


+ 


el -I- n 2 


n 

e 0 


-e/3 

n 


for no-feathering plane command. Alternatively, the derivative matrix dE/dv can be obtained by nu- 
merical perturbation. Convergence of the Newton-Raphson iteration is tested in terms of \E\ < e for 
each equation, where e is an input tolerance. 


11-5 Power 

The rotor power consists of induced, profile, and parasite terms: P = Pi + P a + P p . The parasite 
power (including climb/descent power for the aircraft) is obtained from the wind-axis drag force: P p = 

-XV = ( v f ) t F f . 

The induced power is calculated from the ideal power: P* = Kp idea i = K,fnTv uiliai . The empirical 
factor k accounts for the effects of nonuniform inflow, non-ideal span loading, tip losses, swirl , blockage, 
and other phenomena that increase the induced power losses (/t > 1). For a ducted fan, f D = fw/2 is 
introduced. The induced power at zero thrust is zero in this model (or accounted for as a profile power 
increment). If k is deduced from an independent calculation of induced power, nonzero P, at low thrust 
will be reflected in large k values. 

The profile power is calculated from a mean blade drag coefficient: P a = pA(flR) 3 C Po , C Po = 
(ct/ 8 )c<j mean Fp. The function F P (p, p z ) accounts for the increase of the blade section velocity with rotor 
edgewise and axial speed: C Po = f ^ac d U 3 dr = f ^ac d (u^ + u 2 R + u 2 P ) 3 / 2 dr\ so (from Harris) 


F P = 4 — [ [ ((r + p sin tp) 2 + (p cos ip) 2 + p 2 ) 3 ^ 2 dr dip 

2tt Jo Jo 

sV TTT>(i + lv* + y +7v2 + iv4 9 


(1 + V 2 ) 2 16 1 + V 2 


.'3 4 3 9 2 9 4 . 

+ ( 2^ + 2^ + 16 M J ln 


VT+v^+i 


with V 2 = /u 2 + / li 2 . This expression is exact when /x = 0, and f P ~ 4V 3 for large V. 

Two performance methods are implemented, the energy method and the table method. The induced 
power factor and mean blade drag coefficient are obtained from equations with the energy method, or 
from tables with the table method. Optionally k and Cd mean can be specified for each flight state, 
superseding the values from the performance method. 
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11-5.1 Energy Performance Method 


11-5.1 .1 Induced Power 


The induced power is calculated from the ideal power: P. t = /cPideai = n,f D Tv irie ^. Reference 
values of k are specified for hover, axial cruise (propeller), and edgewise cruise (helicopter): /thover, 
Kprop, «edge- Two models are implemented: constant model and standard model. The constant model 
uses k = Khover if /i = fj* z = 0; or k = K pro p if |/x| < 0.1|/t z |; or k = n e d ge otherwise. 

The standard model calculates an axial-flow factor K^ai from /thover, K c iimb> and « P ro P - Let A = 
Ct/ct - (Ct/ct) ind- For hover and low-speed axial climb, including a variation with thrust, the inflow 
factor is 


2 

h — b'hover “1“ kfi 1 A/; -j- kfi2 A ^ -j- ( b'cli rnb b'hover ) tail 

7 T 


{{\dz\/\h)/M axia i) X * , ‘ M 


where \ii z \/\h = ia i is the midpoint of the transition between hover and climb and A^iai is large 
for a fast transition. Figure 11-4 illustrates k in hover (with a minimum value). Figure 11-5 shows the 
behavior of this function for a helicopter in climb (A^ai = 0.65). A polynomial describes the variation 
with axial velocity, scaled so k = kh at /x z = 0 and n = n p at /z z = /i zprop , including a variation with 
thrust: 

Kp — b'prop “l - fcplAp -j- fcp2A p 

^axial = -|- k a \[l z -|- S(k a 2fJ. z ”1“ kaSf^z **) 

where S = (k p (k/, -\- k a i // Z p r0 p) ) j (ka2[A zprop 4" A’ a ;j// Z , ; :i r;) p) > S = Oif fc a 2 = k a 3 = 0(not scaled), Kaxiai = 
if Uzprop = 0. A polynomial describes the variation with edgewise advance ratio, scaled so k = K ax j a i at 
/i = 0 and k = /offKedge at /i = /ledge- Thus the induced power factor is 


K — axial k e i/i -(- S(k e 2k' ”1” k^/J. e ) 


where S — (/off^-edge (fi-axiai "F fc e i/i e dge) )/(fc e 2A t e dge "F ) , S — 0 if k e 2 — k e 3 — 0 (not scaled), 

k = k axial if A*edge = 0. The function f oS = 1 - fc 0 i(l — e~ ko2 ° x ) accounts for the influence of lift offset, 
o x = rM x /TR = (K huh /TR)[3 S . Figure 11-6 illustrates k in edgewise flight. Minimum and maximum 
values of the induced power factor, /t min and /t ma x, respectively, are also specified. 


11-5.1.2 Profile Power 

The profile power is calculated from a mean blade drag coefficient: Cp a = (cr/8)cd mean Fp. Since the 
blade mean lift coefficient is q = 6Ct/ct, the drag coefficient is estimated as a function of blade loading 
Ct/ct (using thrust-weighted solidity). With separate estimates of the basic, stall, and compressibility 
drag, the mean drag coefficient is: 


^dmean X.5 (Cdbasic 4 ^dstall 4" ^dcomp) 


where x is a technology factor. The factor S = (Re ie { / Re) 02 accounts for Reynolds number effects on 
the drag coefficient; Re is based on the thrust- weighted chord, 0.75y tip , and the flight state; and Re rei 
corresponds to the input Cd information. The following models are implemented for the basic drag: 

a) Array model: The basic drag c^basic is input as a function of Ct/ct; the array is linearly interpolated. 

b) Equation model: The basic drag c<jbasic is a quadratic function of Ct/ct, plus an additional term 
allowing faster growth at high (sub-stall) angles of attack. Let A = |Ct/ct - ( Ct/ct) Cm i n |, where 
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Figure 11-4. Induced power factor for rotor in hover. 


{C T /a ) Dmin corresponds to the minimum drag and A sep = \C T /a\ - {C T /a) sep . Values of the basic 
drag equation are specified for helicopter (hover and edgewise) and propeller (axial climb and cruise) 
operation: 

Cdh = dohel "L dihelA + {fehelA + dsepA se p P 

( -dp — do prop + dip r0 pA -f- d2prop^ "f ^sep A s( ,p' 1) 

The separation term is present only if A sep > 0. The helicopter and propeller values are interpolated as 
a function of fi z : 

2 

^dbasic = Cdh T" (c<ip Crf/j) tail (|/I^|/A/j) 

7T 

so \fj, z \/Xh = 1 is the midpoint of the transition. 

The stall drag increment represents the rise of profile power caused by the occurrence of significant 
stall on the rotor disk. Let A s = \C T /a\ - (/a/josHCr/V)® (/» is an input factor). The function 
/ 0 fi = 1 - d G i(l - e~ do2 ° x ) accounts for the influence of lift offset, o x = rM x /TR = ( K huh /TR)/3 S . Then 
Cdstaii = d. 3 i Af s1 + d S 2 A^ s2 (zero if A s < 0). The blade loading at which the stall affects the entire rotor 
power, (C't/ct) s , is an input function of the velocity ratio V = yj / j, 2 + . 

The compressibility drag increment depends on the advancing tip Mach number M at , and the tip 
airfoil thickness-to-chord ratio r. The following models are implemented: 

a) Drag divergence model: Let AM = M at - M dd , where M dd is the drag divergence Mach number of 
the tip section. Then the compressibility increment in the mean drag coefficient is 

Crfcomp — d m \AM -(- (Ijji‘2 A .1 / m 

(ref. 9). M dd is a function of the advancing tip lift coefficient, c^i.qo) ■ The advancing tip lift is estimated 
from a (1>90) = (0. n + O.250 L +0 S -(A- j3 c )/( 1 + ft)) = 1.6(1 - 2.97p + 2.21 / u 2 )(6C' T /<7a) + O.250 tw (zero 
above n = 0.6). Then the Kom expression (ref. 10) gives M dd for small lift coefficient: 


Mdd = k a - K\ct\ - T = Mddo - k\c(\ 
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Figure 11-5. Induced power factor for rotor in axial flight. 



Figure 1 1-6. Induced power factor for rotor in edgewise flight. 


where M mo is the drag divergence Mach number at zero lift, and typically n = 0.16. 


b) Similarity model: From transonic small-disturbance theory (refs. 1 1-12), the scaled wave drag must 
be a function only of K\ = (M 2 t - l)/[M 2 t r(l + 7 )] 2 / 3 . An approximation for the wave drag increment 
is 


Ac d = 


r 5/3 


[MU I + 7)] 1 / 3 


D(Ki) = 


r 5/3 


[^(i + t )] 1 / 3 


1.774(^1 + 1.674) 5 / 2 


(constant for K 1 > -0.2). Integration of Aq over the rotor disk gives the compressibility increment in 
the profile power. Following Harris, the resulting compressibility increment in the mean drag coefficient 
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transient limit 



Figure 11-7. Stall function. 



Figure 11-8. Mean drag coefficient for rotor in hover. 


is approximately: 


Cdcomp = 1.52/(Jf! + 1) 2 [(1 + /i)r] 5 / 2 ( 1 + 7 ) 1/2 


including the input correction factor /; Q comp is zero for K\ < -1, and constant for Ki > -0.2. 

Figure 11-7 shows typical stall functions (C T /cr) s for two rotors with different airfoils, and for 
reference typical helicopter rotor steady and transient load limits. Figure 11-8 illustrates the mean drag 


100 


Rotor 



M 


Figure 1 l-9a. Mean drag coefficient for rotor in forward flight, high stall. 



Figure 1 l-9b. Mean drag coefficient for rotor in forward flight, low stall. 


coefficient in hover, showing cah without and with the separation term, and the total for the high stall 
and low stall cases. Figure 1 1-9 illustrates the mean drag coefficient in forward flight, showing the 
compressibility term Q comp , and the growth in profile power with Cr/V and /z as the stall drag increment 
increases. 
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11-5.1.3 Twin Rotors 

For twin rotors, the induced power is determined by the induced velocity of the rotor system, not 
the individual rotors. The induced power is still obtained using P t = /cP idea i = nf D Tv ideal for each rotor, 
but the ideal induced velocity is calculated for an equivalent thrust C Te based on the thrust and geometry 
of both rotors. The profile power calculation is not changed for twin rotors. 

In hover, the twin-rotor induced velocity is v t = K twin s/T/2pA p , from the total thrust T and the 
projected disk area A p = (2 - rn)A. The overlap fraction m is calculated from the rotor hub separation 
l. A correction factor for the twin-rotor ideal power is also included. For a coaxial rotor, typically 
Ktwin — 0.90. So the ideal inflow is calculated for C Te = (Cti + Cti)/( 2 - m). 

In forward flight, the induced velocity of a coaxial rotor is v t = K twin T/(2pAV), from the total 
thrust T and a span of 2 R. The correction factor for ideal induced power (biplane effect) is /t twin = 0.88 
to 0.81 for rotor separations of 0.06D to 0.1213. The ideal inflow is thus calculated for C Te = Cti + C T 2 - 
The induced velocity of side-by-side rotors is v t = K tvjin T/(2pA e V) , from the total thrust T and a span of 
2P + 1, hence A e = A(l-\-i/2R) 2 . The ideal inflow is thus calculated for C Te = (Cti + Ct 2 ) / (1 + £/2R) 2 ■ 
The induced velocity of tandem rotors is v F = Kt win ( T F /(2pAV ) + x R T R /(2pAV) ) for the front rotor and 
vr = ft-twin (Tr j ( 2pAV) + x F T F /(2pAV)) for the rear rotor. For large separation, x R = 0 and x F = 2; 
for the coaxial limit xr = x F = 1 is appropriate. Here XR = m and x F = 2 - m is used. 

To summarize, the model for twin-rotor ideal induced velocity uses C Te = x\Cti + x^Cti and the 
correction factor K twin . In hover, Xh = 1/(2 - m); in forward flight of coaxial and tandem rotors, Xf = 1 
for this rotor and Xf = m or x / = 2 - m for the other rotor; in forward flight of side-by-side rotors, 
Xf = 1/(1 + £/2R) 7 (x = 1/2 if there is no overlap, 1/2R > 1). The transition between hover and forward 
flight is accomplished using 

_ Xfp, 2 +x h CXl 
X ~ M 2 +CX 2 

with typically C = 1 to 4. This transition is applied to x for both rotors, and to /ttwin- 

With a coaxial rotor in hover, the lower rotor acts in the contracted wake of the upper rotor. 
Momentum theory gives the ideal induced power for coaxial rotors with large vertical separation (ref. 1 3) : 
P u = T u v u , v\ = T u /2pA for the upper rotor; and Pe = (as/y/r)T(V(, vj = Tf/2pA for the lower rotor. 
Here r = Ti/T u \ a is the average of the disk loading weighted by the induced velocity, hence a measure 
of nonuniform loading on the lower rotor (a = 1.05 to 1.10 typically); and the momentum theory solution 
is 

7= = ^ (Vi + ^i+T) 2 ^-!) 

The optimum solution for equal power of the upper and lower rotors is asr = l,givingr = T t /T u = 2/3. 
Hence for the coaxial rotor in hover the ideal induced velocity is calculated from C Te = Ct u for the 
upper rotor and from Cre = (ots/^/r) 2 CTe for the lower rotor, with /t twin = 1. Thus x,h = 1/(2 -m) = 1/2 
and the input hover /t twin is not used, unless the coaxial rotor is modeled as a tandem rotor with zero 
longitudinal separation. 


11-5.2 Table Performance Method 

The induced power is calculated from the ideal power: P; = /tPideai = k/dTv ideal- The induced 
power factor k is obtained from an input table (linearly interpolated) that can be a function of edgewise 
advance ratio p or axial velocity ratio p z , and of blade loading Ct/o. 
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The profile power is calculated from a mean blade drag coefficient: P Q = pA(i\RfC Po = 
pA(QR) 3 fc^Fp. The mean drag coefficient q, or alternatively CdF P = 8C Po /a, is obtained from 
an input table (linearly interpolated) that can be a function of edgewise advance ratio p and blade 
loading Cp/cr. 


11-6 Performance Indices 

Several performance indices are calculated for each rotor. The induced power factor is k = P t /P idea i . 
The rotor mean drag coefficient is e d = ( 8C Po /a ) /F P , using the function F(p, p z ) given previously. The 
rotor effective lift-to-drag ratio is a measure of the induced and profile power: L/D e = VX/(P f + P a ). 
The hover figure of merit is M = Tf D v/P. The propeller propulsive efficiency is r/ = TV/P. These two 
indices can be combined as a momentum efficiency: r/ mom = T(V +w/2)/P, where w/2 = fwv/2 = fov. 


11-7 Interference 


The rotor can produce aerodynamic interference velocities at the other components (fuselage , wings , 
tails). The induced velocity at the rotor disk is KVi, acting opposite the thrust ( 2 -axis of tip-path plane 
axes). So v? d = -k p KVi, and v// d = C FP v p d . The total velocity of the rotor disk relative to the air 
consists of the aircraft velocity and the induced velocity from this rotor: v[ ota} = v F - v F nd . The direction 
of the wake axis is thus e p = -C PF v[ otal /\v[ otal \ (for zero total velocity, e p = -k p is used). The angle 
of the wake axis from the thrust axis is \ = cos -1 \{k p ) T e p \. 

The interference velocity v F nt at each component is proportional to the induced velocity v F d (hence 
is in the same direction), with factors accounting for the stage of wake development and the position of 
the component relative to the rotor wake. The far-wake velocity is w = fwVi, and the contracted wake 
area is A c = 7 tR^ = A/ f A . The solution for the ideal inflow gives fw and f A . For an open rotor, f w = 2. 
For a ducted rotor, the inflow and wake depend on the wake area ratio f A , or on the ratio of the rotor 
thrust to total thrust: fr = T rotor /T. The corresponding velocity and area ratios at an arbitrary point on 
the wake axis are f w and f a , related by 


fa = 


A * 2 + (Afr + fw\) 2 


s 2 

it.. 


Vortex theory for hover gives the variation of the induced velocity with distance 2 below the rotor disk: 


v = ?;(0) 



f/g 

v / i+T 7/W) 


With this equation the velocity varies from zero far above the disk to v = 2v(0) far below the disk. To 
use this expression in edgewise flow and for ducted rotors, the distance z/R is replaced by C, w /tR, where 
( VJ is the distance along the wake axis, and the parameter t is introduced to adjust the rate of change (t 
small for faster transition to far-wake limit). Hence the velocity inside the wake is f w Vi, where 


1 + 


C w/tR 


fw = fwfz = { 


VI + (Cw/tR) 2 

Cw/tR 


1 + (fw - 1) 


Vl + (Cw/tR) 2 


Cw < 0 

C™ > 0 


and the contracted radius is R c = R/\/J//. 
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The wake is a skewed cylinder, starting at the rotor disk and with the axis oriented by e p . The 
interference velocity is required at the position z f on a component. Whether this point is inside or 
outside the wake cylinder is determined by finding its distance from the wake axis, in a plane parallel to 
the rotor disk. The position relative to the rotor hub is ££ = C PF (z£ - z F uh ) ; the corresponding point on 
the wake axis is £4 = e p ( w . Requiring £§ and £ p have the same 2 value in the tip-path plane axes gives 

(k p ) T C PF (z F -z F b ) 

^ (k p ) T e p 

from which f z ,f w ,f a , and R c are evaluated. The distance r from the wake axis is then 

r 2 = (( i P ) T (^-^)) 2 + ( 0‘ P ) T (^-^)) 2 

The transition from full velocity inside the wake to zero velocity outside the wake is accomplished in 
the distance sR c , using 


( 1 r <R C 

fr= { 1 - (r - Rc)/{sR c ) 

[0 r > (1 + s)R c 

(s = 0 for an abrupt transition, s large for always in wake). 

The interference velocity at the component (at z£) is calculated from the induced velocity v^ d , 
the factors fwfz accounting for axial development of the wake velocity, the factor f r accounting for 
immersion in the wake, and an input empirical factor K int : 

Vint = K int fwfzfrft V? d 

An additional factor f t for twin rotors is included. Optionally the development along the wake axis 
can be a step function ( fwfz = 0, 1, fw above the rotor, on the rotor disk, and below the rotor disk, 
respectively); nominal (t = 1); or use an input rate parameter t. Optionally the wake immersion can use 
the contracted radius R c or the uncontracted radius R; can be a step function (s = 0, so f r = 1 and 0 
inside and outside the wake boundary); can be always immersed (s = 00 so f r = 1 always); or can use 
an input transition distance s. Optionally the interference factor K int can be reduced from an input value 
at low speed to zero at high speed, with linear variation over a specified speed range. 

To account for the extent of the wing or tail area immersed in the rotor wake, the interference 
velocity can be calculated at several of points along the span and averaged. The increment in position 
is A Zg = C FB { 0 At/0) T ; where Ay = (6/2) (—1 + (2 i - 1 )/N) for i = 1 to N, and b is the wing span. 

For twin main rotors (tandem, side-by-side, or coaxial), the performance may be calculated for 
the rotor system, but the interference velocity is still calculated separately for each rotor, based on 
its disk loading. At the component, the velocities from all rotors are summed, and the total used to 
calculate the angle-of-attack and dynamic pressure. This sum must give the interference velocity of 
the twin-rotor system, which requires the correction factor f t . Consider differential momentum theory 
to estimate the induced velocity of twin rotors in hover. For the first rotor, the thrust and area in the 
non-overlap region are (1 - m)Ti and (1 - m)A, hence the induced velocity is vi = Ky/Ti/2pA; similarly 
V 2 = K^/T 2 /2pA. In the overlap region the thrust and area are mTi + mT <2 and mi, hence the induced 
velocity is v m = ny/(Ti + T 2 )/2pA. So for equal thrust, the velocity in the overlap region (everywhere 
for the coaxial configuration) is %/2 larger. The factor K T is introduced to adjust the overlap velocity: 
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v m = k(K t /V2)\/{Ti +T 2 )/2pA. The interference velocities are calculated separately for the two 
rotors, with the correction factor f t : « int i = f t K^/T\/2pA and v in t 2 = ftK^/T 2 /2pA. The sum v intl + Vj nt 2 
must take the required value. Below the non-overlap region, the component is in the wake of only one 
of the rotors, so the interference velocity from the other rotor is zero, and thus f t = 1. Below the overlap 
region, the component is in the wake of both rotors, and the sum of the interference velocities equals v m 
if 


K t /s/2 

hh v^+V^ 


where r„ = T n /(Ti + T 2 ) is the thrust ratio. For equal thrusts, fth = K T /2\ or f t h = 1/V2 for the 
nominal velocity. The expression f t = f t h cos 2 x+ sin 2 x gives the required correction factor, with f t = 1 
in edgewise flight. Optionally the correction for twin rotors can be omitted (f t = 1); nominal (K r = %/2); 
or use an input velocity factor in overlap region (K T ). 


11-8 Drag 

The rotor component includes drag forces acting on the hub and spinner (at z F uh ) and on the pylon 
(at z F ylon ). The component drag contributions must be consistent. In particular, a rotor with a spinner 
(such as on a tiltrotor aircraft) would likely not have hub drag. The pylon is the rotor support and the 
nacelle is the engine support. The drag model for a tiltrotor aircraft with tilting engines would use the 
pylon drag (and no nacelle drag), since the pylon is connected to the rotor shaft axes; with non-tilting 
engines it would use the nacelle drag as well. 

The body axes for the drag analysis are rotated about the y-axis relative to the rotor shaft axes: 
C BF — C BS C SF , where C BS = F_g tef . The pitch angle 0 re f can be input, or the rotation appropriate for 
a helicopter rotor or a propeller can be specified. 

a) Consider a helicopter rotor, with the shaft axes oriented z-axis up and x-axis 
downstream. It is appropriate that the angle-of-attack is a = 0 for forward flight, 
and a = -90 degree for hover, meaning that the body axes are oriented z-axis down 
and z-axis forward. Hence 6 ie f = 180 degree. 

b) Consider a propeller or tiltrotor, with the shaft axes oriented z-axis forward and 
z-axis up. It is appropriate that the angle-of-attack is a = 0 in cruise and a = 90 
degree for helicopter mode (with a tilting pylon) , meaning that the body axes are 
oriented z-axis down and z-axis forward. Hence 0 ref = 90 degree. 

The aerodynamic velocity relative to the air is calculated in component axes, v B . The angle-of-attack 
a and dynamic pressure q are calculated from v B . The reference areas for the drag coefficients are the 
rotor disk area A = nR 2 (for hub drag), pylon wetted area Spyion, and spinner wetted area S^pm; these 
areas are input or calculated as described previously. 

The hub drag can be fixed, specified as a drag area D/q; or the drag can be scaled, specified as a 
drag coefficient C D based on the rotor disk area A = nR 2 ; or the drag can be estimated based on the 
gross weight, using a squared-cubed relation or a square-root relation. Based on historical data, the drag 
coefficient C D = 0.004 for typical hubs, C D = 0.0024 for current low-drag hubs, and C D = 0.0015 for 
faired hubs. For the squared-cubed relation: (D/q )^ u b = k(W M To/ 1000) 2 / 3 ( Wmto is the maximum 
takeoff gross weight; units of k are feet 2 /kilopound 2 / 3 or meter 2 /Megagram 2 / 3 ). Based on historical data, 
k = 1.4 for typical hubs, k = 0.8 for current low-drag hubs, and k = 0.5 for faired hubs (English units). 
For the square-root relation: (D/q) huh = k^/W M TO /N Iotor (Wmto /N I 0t0 T is the maximum takeoff gross 
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weight per lifting rotor; units of k are feet 2 /pound 1 / 2 or meter 2 /kilogram 1 / 2 ); based on historical data 
(ref. 14), k = 0.074 for single-rotor helicopters. A; = 0.049 for tandem-rotor helicopters (probably a blade 
number effect), k = 0.038 for hingeless rotors, and k = 0.027 for faired hubs (English units). 

The hub vertical drag can be fixed, specified as a drag area D/q\ or the drag can be scaled, specified 
as a drag coefficient C D based on the rotor disk area A = ttR 2 . 

The pylon forward-flight drag and vertical drag are specified as drag area or drag coefficient, based 
on the pylon wetted area. The spinner drag is specified as drag area or drag coefficient, based on the 
spinner wetted area. 

The drag coefficient for the hub or pylon at angle-of-attack a is 


Cd = Cdo + {Cdv ~ Cdo)| sin a | ^ 


Optionally the variation can be quadratic (X d = 2). For sideward flight, C Dhub = C D0 for the hub and 
Copyion = Cdv for the pylon. Then the total component drag force is 


// — Q -4 C D hub "i" q //pylon /'/^pylon ”1“ q *Sg pin ///.Jspili 


The force and moment produced by the drag are 

F F = Y j e d D 
M f = 7 f F f 

where A z F — z F - z F g (separate locations are defined for the rotor hub and for the pylon), and e d is the 
drag direction. The velocity relative to the air gives e d = -v F /\v F \ (no interference). 

11-9 Weights 


The rotor configuration determines where the weights occur in the weight statement, as summarized 
in table 11-3. The rotor group consists of blade assembly, hub and hinge, fairing/spinner, and blade-fold 
structure. The tail rotor (in empennage group) or the propeller/fan installation (in propulsion group) 
consists of the blade assembly, the hub and hinge, and the rotor/fan duct and rotor support. 

There are separate weight models for main rotors, tail rotors, and auxiliary-thrust systems (pro- 
pellers). The tail-rotor model requires a torque calculated from the drive-system rated power and main- 
rotor rotational speed: Q = Posumit/^mr- The auxiliary-thrust model requires the design maximum 
thrust of the propeller. 


Table 11-3. Principal configuration designation. 


configuration 

weight statement 

weight model 

performance model 

main rotor 

rotor group 

rotor 

rotor 

tail rotor 

empennage group 

tail rotor 

rotor 

propeller 

propulsion group 

rotor, aux thrust 

rotor 
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Force 


The force component is an object that can generate a force acting on the aircraft, possibly used for 
lift, propulsion, or control. The amplitude of the force can be a fixed value, or it can be connected to an 
aircraft control for trim. The direction of the force can be fixed or connected to aircraft control. 

12-1 Control and Loads 

The control variables are the force amplitude A and the force incidence and yaw angles. The force 
orientation is specified by selecting a nominal direction e/ 0 in body axes (positive or negative x,y, or 
^-axis), then applying a yaw angle ip, and then an incidence or tilt angle i (table 12-1). The control 
variables can be connected to the aircraft controls cac- 

A = A 0 + Tacac 
ip = ipo + T^cac 
i = *o + TiCAC 


with A 0 ,ip 0 and i 0 zero, constant, or a function of flight speed (piecewise linear input). The force axes 
are C BF = UpV, , where U and V depend on the nominal direction, as described in table 12-1 . The force 
direction is e/ = C FB e / 0 . The force acts at position z F . The force and moment acting on the aircraft in 
body axes are thus: 

F f = e f A 
M f = Kz f F f 

where A z F = z F - z F . 


Table 12-1. Force orientation. 

nominal (F axes) 

e/o 

incidence, + for force 

yaw, + for force 

C BF = UiV, * 

x forward 

i 

up 

right 

YiZjf, 

-x aft 

—i 

up 

right 

Y—iZ 

y right 

3 

aft 

up 

ZiX_^ 

—y left 

-3 

aft 

up 

Z-iX \j, 

2 down 

k 

aft 

right 

Y-tX-t 

1 

d 

—k 

aft 

right 

YiX + 
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12-2 Performance and Weights 

The force generation requires a fuel flow that is calculated from an input thrust-specific fuel con- 
sumption (sfc): w = .A(sfc) . Units of sfc are pound/hour/pound, or kilogram/hour/Newton. 

The force component weight is identified as either engine-system or propeller/fan installation 
weight, both of the propulsion group. The force component weight is calculated from specific weight 
and the design maximum force F max , plus a fixed increment: W = 5’F max + AW. 



Chapter 13 


Wing 


The aircraft can have one or more wings, or no wings. 

13-1 Geometry 

The wing is described by planform area S, span 6, mean chord c = S/b, and aspect ratio M = b 2 /S. 
These parameters are for the entire wing. The geometry is specified in terms of two of the following 
parameters: S or wing loading W/S, b (perhaps calculated from other geometry), c, M = b 2 /S. With 
more than one wing, the wing loading is obtained from an input fraction of design gross weight, 
W = fwWo- Optionally the span can be calculated from a specified ratio to the span of another wing. 

Optionally for the tiltrotor configuration, the wing span can be calculated from the fuselage and rotor 
geometry: b = 2 (fR + d !uK ) +ti; fus , where R is the rotor radius (cruise value for variable-diameter rotor), 
df us the rotor-fuselage clearance, and Wf us the fuselage width. Note that the corresponding option for the 
rotor-hub position is j/hub = ± (fR + df us + x hw{ ua ) . Optionally the wing span can be calculated from the 
rotor-hub position: b = 2|y h ub| (regardless of how the rotor position is determined). As implemented, 
symmetry is not assumed; rather the radius or hub position of the outermost designated rotors is used. 
Optionally the wing span can be calculated from an appropriate specification of all wing-panel widths. 

The wing is at position z F , where the aerodynamic forces act. The component axes are the aircraft 
body axes, C BF = I. 

The wing planform is defined in terms of one or more wing panels (fig. 13-1). Symmetry of the 
wing is assumed. The number of panels is P, with the panel index p = 1 to P. The span station 77 is 
scaled with the semi-span: y = 77(6/2) , 77 = 0 to 1 . Each panel is a trapezoid, with a straight aerodynamic 
center and linear taper. The aerodynamic-center locus (in wing axes) is defined by sweep A p ; dihedral 
5 P ; and offsets ( x Ip , z Ip ) at the inboard edge relative to the aerodynamic center of the previous panel. The 
wing position z F is the mean aerodynamic center. The offset {xa, za ) of the mean aerodynamic center 
from the root-chord aerodynamic center is calculated (so the wing planform can be drawn; typically the 
aerodynamic center is drawn as the quarter-chord). Outboard panel edges are at tje p (input or calculated). 
A panel is characterized by span b p (each side), mean chord c p , and area S p = 2 b p c p (both sides). The 
taper is defined by inboard and outboard chord ratios, A = c/c re f (where c re f is a panel or wing reference 
chord, depending on the options for describing the geometry). 

The span for each panel (if there are more than two panels) can be a fixed input; a fixed ratio of the 
wing span, b p = fb p (b/ 2 ); or free. The panel outboard edge (except at the wing tip) can be at a fixed input 
position 7 iE P ', at a fixed station r] Ep , y P = 77^ (6/2); calculated from the fuselage and rotor geometry, 
y p = fR + df us + 1 /2W{us (for a designated rotor); calculated from the hub position, y p = |j/h u b| (for a 
designated rotor); or adjusted. An adjusted station is obtained from the last station and the span of this 
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^ ip 
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chord ratio, X = c/c ref 
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sweep (+ aft) 
dihedral (+ up) 

aero center offset (inboard, + aft) 
aero center offset (inboard, + up) 


span (each side) 
mean chord 
area = 2b p c p 


Figure 13-1. Wing geometry (symmetric, only right half-wing shown). 


panel, y v = y p -\ + b p or y p = y p _\ + fb p (b/ 2); or from the next station and the span of the next panel, 
y p = y p+ 1 - bp+i or y p = y p+ \ - /t( p +i)(b/2). The specification of panel spans and panel edges must 
be consistent, and sufficient to determine the wing geometry. Determining the panel edges requires the 
following steps. 

a) Calculate the panel edges that are either at fixed values (input, or from width, or from hub 
position) or at fixed stations; root and tip edges are known. 

b) Working from root to tip, calculate the adjusted panel edge y p if panel span b p or ratio / tp 
is fixed, and if previous edge t/ p _i is known. 

c) Working from tip to root, calculate the adjusted panel edge y p (if not yet known) if panel 
span b p+ i or ratio fb( p +i) is fixed, and if next edge y v+ \ is known. 

At the end of this process, all edges must be known and the positions y p must be unique and sequential. 
If this geometry is being determined for a known span, then there must not be a fixed panel span or span 
ratio that has not been used. Alternatively, if the wing span is being calculated from the specification of 
all panel widths, then the process must leave one and only one fixed panel span or span ratio that has not 
been used. Since the wing span is to be calculated, each panel edge is known in the form y p = cq + c\b/2. 
Then the unused fixed panel span gives the equation (c 0 + c\b)2)o - (cq + c\b/2)i = b p (subscript O 
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denotes outboard edge, subscript I denotes inboard edge), or the unused fixed panel span ratio gives the 
equation (co + ei6/2) 0 - (co + ci6/2) j = f p b/ 2, which can be solved for the semispan 6/2. 

To complete the definition of the geometry, one of the following quantities is specified for each 
panel: panel area S p ; ratio of panel area to wing area, f s = S p /S; panel mean chord c p ; ratio of panel 
mean chord to wing mean chord, f c = c p /c; chord ratios A j = cj/cr e f and A o = co/c re f (taper); or free. 
The total wing area equals the sum of all panel areas: 

s = '£s p + sJ2fe + 2 EVv + 2c b p fc 4" 2cr e f b p ^ (A/ “I - Aq) 

If there is one or more taper specification (and no free), then c re f is calculated from this equation for S, 
and the mean chord is c p = \{c; + co) = c re f|(A/ + A o),S P = 26 p c p . If there is one (and only one) free 
specification, then S p is calculated from this equation for S, and the mean chord is c p = S p /(2b p ), with 
ci = 2c p / (1 + A 0 /A/), c 0 = 2c p - c 7 . 

Since the panels have linear taper (c = c re f A), the mean aerodynamic chord is 



= + A/Ao + a o) At ]p = ^2 ^( c j + aco + Co) 2bp 

/ b / 2 /-l 

cdy = 6 / c re f A dry 

6/2 JO 

= b^2 Cref ^ (A/ + Ao) A Tip = ^ ^(c/ + c 0 ) 26 p 


These expressions are evaluated from panel c 7 and co, as calculated using Aj and Ao, or evaluated using 
the ratio Xo/Xi (c re f may not be the same for all panels). 

The mean aerodynamic center is the point where there is zero moment due to lift: xaClS = 
xa f cecdy = f xcecdy, with cq = £(y) the spanwise lift distribution. Thus 

t{ri){x A ~ XAciv )) dy = 0 

The locus of section aerodynamic centers xac is described by the panel sweep A p and the offset xi p at 
the inboard end of the panel. These offsets can be a fixed input, a fraction of the root chord, or a fraction 
of the panel inboard chord. Assuming elliptical loading (£ = y'l - rj 2 ) gives 




J £(r])xAcdr] = J V 1 ~V 2 (xi p + ^ tanA p ^ dr) 

= X) ~ r ) 2 + sin -1 yj -^tanA p i(l- 7? 2 ) 3/2 


1 Vo 


Vi 


where x Ip = { x ig + (V 2 ) tan A g _ 1 (r) 0(g _ 1 ) - Vi(g-i))) ~ ( b/2 ) tan A p r] Ip . The vertical position of 
the mean aerodynamic center is obtained in a similar fashion, from panel dihedral S p and offset z Ip at 
the inboard edge of the panel. Assuming uniform loading (£ = 1) gives 


za 


J ZAcdr) = J (z Ip + ^ tan <5 p 77 j dr) = ^ 


Zi p r) + -taa.8 p -r? 


- Vo 

- Vi 
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Then (xa, za) is the offset of the mean aerodynamic center from the root-chord aerodynamic center. 
Finally, 


A = tan 1 (X^ tanA p) 

5 = tan' 1 (£^Wp) 



Croot 


are the wing overall sweep, dihedral, and taper. 


The wing contribution to the aircraft operating length is £ W i ng + (0.25c) cos* (forward), a; W i ng - 
(0.75c) cos* (aft), and t/ wing ± 6/2 (lateral). 


13-2 Control and Loads 

The control variables are flap S F , flaperon 5f, aileron 5 a , and incidence *. The flaperon deflection 
can be specified as a fraction of flap deflection, or as an increment relative to the flap deflection, or 
the flaperon can be independent of the flap. The flaperon and aileron are the same surface, generating 
symmetric and antisymmetric loads respectively, hence with different connections to pilot controls. 

With more than one wing panel, each panel can have control variables: flap Sf p , flaperon S f p , aileron 
6 ap , and incidence i p . The outboard panel (p > 2) control or incidence can be specified independently, 
or in terms of the root panel (p= 1) control or incidence (either fraction or increment). 

Each control is described by the ratio of the control-surface chord to the wing-panel chord, if = 
Cf/c p ; and by the ratio of the control-surface span to wing-panel span, f h = bf/b p , such that the control- 
surface area is obtained from the panel area by Sf = t ffbS p . 


13-3 Aerodynamics 


The aerodynamic velocity of the wing relative to the air, including interference, is calculated in 
component axes, v B . The angle-of-attack a wing (hence C BA ) and dynamic pressure q are calculated from 
v B . The reference area for the wing aerodynamic coefficients is the planform area, 5. The wetted-area 
contribution is twice the exposed area: S wet = 2(5 — cu*f us ), where u>f us is the fuselage width. 

The wing vertical drag can be fixed, specified as a drag area (D/q) v ; or the drag can be scaled, 
specified as a drag coefficient C DV based on the wing area; or calculated from an airfoil section drag 
coefficient (for -90 degree angle-of-attack) and the wing area immersed in the rotor wake: 

CdV = -g c d90 (s — c(w {us + 2df us ) — /dgo^FCpll — COS 6p) — fd 9 obfCf(l — COS 5f)j 

where w {us is the fuselage width and ri fus the rotor-fuselage clearance. The last two terms account for 
the change in wing area due to flap and flaperon deflection, with an effectiveness factor /<* go . 

From the control-surface deflection and geometry, the increments of lift coefficient, maximum-lift 
angle, moment coefficient, and drag coefficient are evaluated: A Cl/, Aa max /, A C M f, ACof- These 
increments are the sum of contributions from flap and flaperon deflection, hence weighted by the control- 
surface area. The drag-coefficient increment includes the contribution from aileron deflection. 
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13-3.1 Lift 

The wing lift is defined in terms of lift-curve slope Clcx and maximum lift coefficient C Lma _ x (based 
on wing planform area). The three-dimensional lift-curve slope is input directly or calculated from the 
two-dimensional lift-curve slope: 

C i 

La l + c ia (l + T)/(nM) 

where r accounts for non-elliptical loading. The effective angle-of-attack is a e = a W i ng + i — a z i, where 
a z i is the angle of zero lift; in reverse flow (|a e | > 90), a e <— a e - 180 signo: e . Let a max = C Lmilx /C La be 
the angle-of-attack increment (above or below zero lift angle) for maximum lift. Including the change of 
maximum lift angle caused by control deflection, 4 max = a max + A a max / and Amin = -a m ax + A a max / . 
Then 

CLa®e + A min <Oi e < -^max 

(« 0 La A max + A C Lf ) ( 4* - ^ ) a * > ^ 

(C La A min + A C L f) ( 7r ^-^ Qe| | ) «e < ^min 

(for zero lift at 90 degree angle-of-attack). Note that CL a A max + A Cl/ = C La a ma _ x + AC Lmax f. In 
sideward flight. Cl = 0. Finally, L = qSC L is the lift force. 

13-32 Pitch Moment 

The wing pitch moment coefficient is C M = C Mac + A Cm f ■ Then M = qScCM is the pitch moment. 

13-33 Roll Moment 

The only wing roll moment considered is that produced by aileron control. Typically the flaperon 
and aileron are the same surface, but they are treated separately in this model. The aileron geometry is 
specified as for the flaperon and flap, hence includes both sides of the wing. The lift-coefficient increment 
A C La is evaluated as for the flaperon, so one-half of this lift acts up (on the right side) and one-half 
acts down. The roll moment is then M x = 2(AL a /2)y, where y is the lateral position of the aileron 
aerodynamic center, measured from the wing centerline (defined as a fraction of the wing semi-span). 

The roll-moment coefficient is Q = - 575 \^La- Then M x = qSbC? is the roll moment. 

13-34 Drag 

The drag area or drag coefficient is defined for forward flight and vertical flight. The effective 
angle-of-attack is a e = a win g + i — a D min, where a Dm in is the angle of minimum drag; in reverse flow 
(|a e | > 90), a e <— a e -180signQ! e . For angles of attack less than a transition angle a t , the drag coefficient 
equals the forward-flight (minimum) drag C D o plus an angle-of-attack term and the control increment. 
If the angle-of-attack is greater than a separation angle a s < a t , there is an additional drag increase. 
Thus if |a e | < a t , the profile drag is 

Cd p = CdO (1 + K<l\ a e\ Xd + Ks{ \ a e\ ~ a s ) X “ ) + AC pf 

where the separation (K s ) term is present only for \a e \ > a s ; and otherwise 

Cot = Cdo (1 + Kd\(*t\ Xd + Ks{\&t\ — a s) Xs ) + A Cof 

Cd p = Cot + (Cdv ~ Cot) sin f — 

\2 7T/2 - a t J 
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Optionally there might be no angle-of-attack variation at low angles ( K d = 0 and/or K s = 0), or 
quadratic variation (X d = 2), or cubic variation for the separation term (X s = 3). For sideward flight 
(v B = 0) the drag is obtained using (p v = tan ~ 1 (—v B /v B ) to interpolate the vertical coefficient: C E = 
Cdo cos 2 4> v + Cdv sin 2 4> v . The induced drag is obtained from the lift coefficient, aspect ratio, and 
Oswald efficiency e: 

r (Cl ~ Clq ) 2 
Dl ireJR 

Conventionally the Oswald efficiency e can represent the wing parasite-drag variation with lift, as well 
as the induced drag (hence the use of C L0 ). The wing-body interference is specified as a drag area, or a 
drag coefficient based on the wing area. Then 

D = qSCn = qS (j3d p + Cm + Cn w b} 

is the drag force. The other forces and moments are zero. 

13-3.5 Wing Panels 

The wing panels can have separate controls and different incidence angles. Thus the lift, drag, 
and moment coefficients are evaluated separately for each panel, based on the panel area S p and mean 
chord c p . The coefficient increments due to control-surface deflection are calculated using the ratio of 
the control-surface area to panel area, Sf/S p = iffb- The lateral position of the aileron aerodynamic 
center is rj a b p from the panel inboard edge, so y/(b/ 2) = r) E ( P - 1 ) + y a b p /(b/2) from the wing centerline. 
Then the total wing coefficients are: 


C L = 

Cm = 

C t = 

Cd p 

The three-dimensional lift-curve slope Clo. is 
The induced drag is calculated for the entire wing from the total Cl • 

13-3.6 Interference 

With more than one wing, the interference velocity at other wings is proportional to the induced 
velocity of the wing producing the interference: v^ t = K int v^ d . The induced velocity is obtained 
from the induced drag, assumed to act in the k B direction: a in d = Vi nd /\v B \ = C Di / C L = C L / (ireM ) , 
vf nd = C FB k B \v B \oti n d. For tandem wings, typically K int = 2 for the interference of the front wing on 
the aft wing, and K int = 0 for the interference of the aft wing on the front wing. For biplane wings, the 
mutual interference is typically K int = 0.7 (upper on lower, and lower on upper). The induced drag is 
then 


Jew 


s 


ip 

1 

D PP 


calculated for the entire wing and used for each panel. 


CDi = ~^5 + C L J2 a to* = + <?L £ tfintOind = + C L V 
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where the sum is over all other wings. 
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The wing interference at the tail produces an angle-of-attack change e = E{C L /C La ), where 
E = de/da is an input factor determined by the aircraft geometry. Then from the velocity v B of the 
wing. 



is the interference velocity at the tail. 


13—4 Wing Extensions 

The wing can have extensions, defined as wing portions of span b x at each wing tip. For the 
tiltrotor configuration in particular, the wing weight depends on the distribution of wing area outboard 
(the extension) and inboard of the rotor and nacelle location. Wing extensions are defined as a set of 
wing panels at the tip. The extension span and area are the sum of the panel quantities, b x = XXxt K 
and S x = X^ext Sp- The inboard span and area are then bi = b— 2 b x ,Si = S - S x . Optionally the wing 
extensions can be considered a kit, hence the extensions can be absent for designated flight conditions 
or missions. As a kit, the wing-extension weight is considered fixed useful load. With wing extensions 
removed, the aerodynamic analysis considers only the remaining wing panels. For the induced drag 
and interference, the effective aspect ratio is then reduced by the factor (Z>, /b) 2 , since the lift and drag 
coefficients are still based on total wing area S. 

13-5 Weights 


The wing group consists of: basic structure (primary structure, consisting of torque box and spars, 
plus extensions); fairings (leading edge and trailing edge); fittings (non-structural); fold/tilt structure; 
and control surfaces (flaps, ailerons, flaperons, spoilers). There are separate models for a tiltrotor or 
tiltwing configuration and for other configurations (including compound helicopter). 

The AFDD wing-weight models are based on parameters for the basic wing plus the wing tip 
extensions (not the total wing and extensions). The tiltrotor- wing model requires the weight on the wing 
tips (both sides), consisting of: rotor group, engine system, drive system (except drive shaft), engine 
section or nacelle group, air induction group, rotary-wing and conversion flight controls, hydraulic 
group, trapped fluids, and wing extensions. 
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Chapter 14 


Empennage 


The aircraft can have one or more tail surfaces, or no tail surface. Each tail is designated as 
horizontal or vertical, affecting some parameter definitions. 

14—1 Geometry 


The tail is described by planform area S, span b, chord c = S/b, and aspect ratio Ml = b 2 /S. The 
tail volume can be referenced to rotor radius and disk area, V = S(/RA ; to wing area and chord for 
horizontal tails, V = S£/S w c w \ or to wing area and span for vertical tails, V = S£/S w b w . Here the tail 
length is £ = \xht - x cg \ or i= \x vt - x cg \ for horizontal tail or vertical tail, respectively. The geometry 
is specified in terms of S or V\ and b, or Ml, or c. The elevator or rudder is described by the ratio of 
control-surface chord to tail chord, c//c; and the ratio of control-surface span to tail span, bf/b. 

The tail contribution to the aircraft operating length is x ta ,n + 0.25c (forward), cc t a.ii - 0.75c (aft), and 
2/taii ± (b/2)C (lateral)- where C = cos <p for a horizontal tail and C = cos (cf> - 90) for a vertical tail. 

14-2 Control and Loads 


The tail is at position z F , where the aerodynamic forces act. The scaled input for tail position can 
be referenced to the fuselage length or the rotor radius. 

The horizontal tail can have a cant angle cf> (positive tilt to left, becomes vertical tail for <f> = 90 deg) . 
Thus the component axes are given by C BF = X-#. The control variables are elevator S e and incidence 
i. 


The convention for nominal orientation of the vertical tail is positive lift to the left, so aircraft 
sideslip (positive to right) generates positive tail angle-of-attack and positive tail lift. The vertical tail 
can have a cant angle 4> (positive tilt to right, becomes horizontal tail for 0 = 90), so the component axes 
are given by C BF = X_ go+( j > . The control variables are rudder S r and incidence i. 

14-3 Aerodynamics 


The aerodynamic velocity of the tail relative to the air, including interference, is calculated in 
component axes, v B . The angle-of-attack a tai i (hence C BA ) and dynamic pressure q are calculated from 
v B . The reference area for the tail aerodynamic coefficients is the planform area, S. The wetted area 
contribution is S wet = 2 S. From the elevator or rudder deflection and geometry, the increments in lift 
coefficient, maximum-lift angle, and drag coefficient are evaluated: ACl/, Aa max /, ACd/. 
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14-3.1 Lift 


The tail lift is defined in terms of lift-curve slope C La and maximum lift coefficient Cxmax (based 
on tail planform area). The three-dimensional lift-curve slope is input directly or calculated from the 
two-dimensional lift-curve slope: 


C La 


C£a 

l + CtaO- + T)/(TrM) 


where r accounts for non-elliptical loading. The effective angle-of-attack is a e = a ta ii + i — a z i , where 
a z i is the angle of zero lift; in reverse flow ( | a e \ > 90), a e <— a e - 180signa e . Let a max = C Lrn&y: /C La be 
the angle-of-attack increment (above or below zero lift angle) for maximum lift. Including the change of 
maximum lift angle caused by control deflection, ^4 max = a max + A a max / and Amin = -a max + A a max / . 
Then 


CLa&e + A Cl/ 


-^min — &e 

(Cxoj-A max “1“ A Cl/) 

( tt/2-KI \ 

&e -' > ^max 

W 2 - |A max |y 

(Cz, a A min + A CLf) | 

( 7r/2-|Q!e| \ 

&e ^ -^min 

W 2 - lAninl/ 


(for zero lift at 90 degree angle-of-attack). Note that C La A max + A C L f = C La a max + A C Lmax f. In 
sideward flight (defined by (v ^ ) 2 + («f ) 2 < (0.05|w B |) 2 ), Cl = 0. Finally, L = qSC L is the lift force. 


14-3.2 Drag 

The drag area or drag coefficient is defined for forward flight and vertical flight. The effective 
angle-of-attack is a e = a ta ii + i - «Dmin, where aomin is the angle of minimum drag; in reverse flow 
(|a e | > 90), a e <— a e — 180signci! e . For angles of attack less than a transition angle a t , the drag coefficient 
equals the forward-flight (minimum) drag C D0 , plus an angle-of-attack term and the control increment. 
Thus if |a e | < a t , the profile drag is 


Cop = Cdo (1 + Kd\o‘e\ Xd ) + A Cnf 


and otherwise 

Cot = Cdo (1 + Kd\a t \ Xd ) -I- A Cnf 

Cd p = Cot + {Cdv ~ Cot) sin ^ ^ 

Optionally there might be no angle-of-attack variation at low angles [Kd = 0), or quadratic variation 
(X d = 2). In sideward flight (defined by (v B ) 2 + (uf ) 2 < (0.05|t; B |) 2 ), the drag is obtained using 
(j) v = tan _1 (-w B /w B ) to interpolate the vertical coefficient: C Dp = C D0 cos 2 cf> v + C DV sin 2 cf> v . The 
induced drag is obtained from the lift coefficient, aspect ratio, and Oswald efficiency e: 

r _ (Cl ~ C L0 ) 2 

Dl neA i 

Conventionally the Oswald efficiency e can represent the tail parasite-drag variation with lift, as well as 
the induced drag (hence the use of C L0 ). Then 

D = qSCn = qS (Cd p + Cui'j 

is the drag force. The other forces and moments are zero. 
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14—4 Weights 

The tail weight (empennage group) model depends on the configuration: helicopters and com- 
pounds, or tiltrotors and tiltwings. Separate weight models are available for horizontal and vertical 
tails. 


The AFDD tail weight model depends on the design dive speed at sea level (input or calculated). 
The calculated dive speed is Vdi ve = 1.25V max , from the maximum speed at the design gross weight and 
sea-level standard conditions. 
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Chapter 15 


Fuel Tank 


15-1 Fuel Capacity 


The fuel-tank capacity Wf ue i-ca P (maximum usable fuel weight) is determined from designated 
sizing missions. The maximum mission fuel required, Wf ue i-miss (excluding reserves and any fuel in 
auxiliary tanks), gives 


Hfuel— cap — m ax(/fu e l_cap Wfu e l —miss 5 Wfuel 

—miss “t“ Unreserve) 

where /f ue i-cap > 1 is an input factor. Alternatively, the fuel-tank capacity Wf ue i- C ap can be input. The 
corresponding volumetric fuel-tank capacity is Vfuei-cap = fkfuei-cap/pr.mi (gallons or liters), where pf ue i 
is the fuel density (input as weight per volume). 

For missions that are not used to size the fuel tank, the fuel weight may be fallout, or the fuel weight 
may be specified (with or without auxiliary tanks). The fuel weight for a flight condition or the start of 
a mission is specified as an increment d, plus a fraction / of the fuel-tank capacity, plus auxiliary tanks: 

lifvu’l = min(df ue i -|- /fuellkfuel— cap; fkfuel— cap) “f E Aauxtank H'aux cap 

where W aux -cap is the capacity of each auxiliary fuel tank. The fuel capacity of the wing can be estimated 
from 

Wf U el— wing Pfuel ^ ^ f^tb^w^w 

where c t b is the torque box chord, t w the wing thickness , and b w the wing span; and / is the input fraction 
of the wing torque box that is filled by primary fuel tanks, for each wing. This calculation is performed 
in order to judge whether fuel tanks outside the wing are needed. 

15-2 Geometry 

The fuel tank is at position z F , where the inertial forces act. 

15-3 Fuel Reserves 

Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be 
defined in terms of specific mission segments, for example 200 miles plus 20 minutes at Vb e - Fuel 
reserves can be an input fraction of the fuel burned by all (except reserve) mission segments, so Wf ue i = 
(1 + /res) Wfuei— miss- Fuel reserves can be an input fraction of the fuel capacity, so Wf ue i = W m i ss _ seg + 
/res Wfuei— cap • If more than one criterion for reserve fuel is specified, the maximum reserve is used. 
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15-4 Auxiliary Fuel Tank 

Auxiliary fuel tanks are defined in one or more sizes. The capacity of each auxiliary fuel tank, 
ITaux— ca p, is an input parameter. The number of auxiliary fuel tanks on the aircraft, lV auxtank for each 
size, can be specified for the flight condition or mission segment. Alternatively (if the mission is not 
used to size the fuel tank), the number of auxiliary fuel tanks at the start of the mission can be determined 
from the mission fuel. 

Figure 15-1 describes the process for determining A' auxtank from the fuel weight Wf ue i and the aircraft 
maximum fuel capacity Wf ue i_ max = W fuel _ cap + E^auxtankfF aux _ cap . The fuel-weight adjustment 
A Wfuei is made if fuel weight is fallout from fixed gross weight and payload, accounting for the operating 
weight update when A auxtank changes. If the auxiliary-tank weight is greater than the increment in fuel 
weight needed, then the fallout fuel weight Wf ue i = Wg - Wo - W pay can not be achieved; in such a 
case, the fuel weight is capped at the maximum fuel capacity and the payload weight adjusted instead. 

The weight and drag of A auxtank tanks are included in the performance calculation. Optionally the 
number of auxiliary tanks required can be calculated at the beginning of designated mission segments 
(based on the aircraft fuel weight at that point), and tanks dropped if no longer needed. The weight of the 
auxiliary fuel tanks is an input fraction of the tank capacity: W auxtank = £ / aU xtankA auxtank W aux _ cap . 

15-4.1 Auxiliary-Fuel-Tank Drag 

The auxiliary fuel tanks are located at position z F . The drag area for one auxiliary tank is specified, 
(D/q) auxtank- The velocity relative to the air gives the drag direction e d = -v F /\v F \ and dynamic 
pressure q = l / 2 p\v F \ 2 (no interference). Then 

^ = &d Q A aux t ank (I^/<Z)auxtank 

is the total drag force, calculated for each auxiliary tank size. 

15-5 Weights 

The fuel system consists of the tanks (including support) and the plumbing. 

The weight of the auxiliary fuel tanks is part of the fixed useful load; it is an input fraction of the 

tank Capacity. Wauxtank = /auxtank A aux tank Waux—uap . 

The AFDD weight model for the plumbing requires the fuel-flow rate (for all engines), calculated 
for the takeoff rating and conditions. 
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if Hfuel ^ ll'fue! —max 

for first auxiliary tank 

-A^auxtank = -^auxtank “1“ 1 
AWf ue i = f auxt ank ^aux —cap 

AWm 

—max ^aux- cap 

repeat if Wf ue i > W fue i 

—max 

if Wf U el < Wf ue l —max w aux 

—cap 

■^auxtank = -^auxtank 1 
A Wf U el —max — IFaux— cap 
Wfuel = ^fuel-max ( Capped ) 
else if Wfuel < W fue i —max 

for last nonzero AT auxtank 

-A^a-uxtank = Aauxtank 1 
A Wfuel = /auxtank^aux —cap 

AW fuel 

—max — l^aux— cap 

repeat if Wf ue i < W fue { 

—max 

undo last increment 

A aux tank — -ATauxtank “1“ 1 
A Wf U el — /auxtank^aux— cap 
A Wf U el -max = ^aux— cap 

Figure 15-1. Outline of iV auxtan k calculation. 
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Chapter 16 


Propulsion 


The propulsion group is a set of components and engine groups, connected by a drive system. The 
engine model describes a particular engine, used in one or more engine group. The components (rotors) 
define the power required. The engine groups define the power available. 

16-1 Drive System 


The drive system defines gear ratios for all the components it connects. The gear ratio is the ratio 
of the component rotational speed to that of the primary rotor. There is one primary rotor per propulsion 
group (for which the reference tip speed is specified); other components are dependent (for which a gear 
ratio is specified). There can be more than one drive-system state, in order to model a multiple-speed or 
variable-speed transmission. Each drive-system state corresponds to a set of gear ratios. 

For the primary rotor, a reference tip speed V^p-ref is defined for each drive-system state. By 
convention, the “hover tip speed” refers to the reference tip speed for drive state #1 . If the sizing task 
changes the hover tip speed, then the ratios of the reference tip speeds at different engine states are kept 
constant. By convention, the gear ratio of the primary rotor is r = 1. For dependent rotors, either the 
gear ratio is specified (for each drive-system state) or a tip speed is specified and the gear ratio calculated 
(r = n dep /O prim ,fi = Vti p — ref/#)- For the engine group, either the gear ratio is specified (for each drive- 
system state) or the gear ratio calculated from the specification engine turbine speed f! spec = (2n/ 60) AT spec 
and the reference tip speed of the primary rotor (r = n spec /fi prim , D priin = kti P _ re f /R). The latter option 
means the specification engine turbine speed N spec corresponds to Vtf P _ re f for all drive-system states. 
To determine the gear ratios, the reference tip speed and radius are used, corresponding to hover. 

The flight state specifies the tip speed of the primary rotor and the drive-system state, for each 
propulsion group. The drive-system state defines the gear ratio for dependent rotors and the engine 
groups. From the rotor radius the rotational speed of the primary rotor is obtained (O prim = V tip /R); 
from the gear ratios, the rotational speed of dependent rotors (O dep = rf! prim ) and the engine groups 
(N = (60/27r)r eng Q prim ) are obtained; and from the rotor radius, the tip speed of the dependent rotor 
(Vti p = f l dep f2) is obtained. The flight-state specification of the tip speed can be an input value; the 
reference tip speed; a function of flight speed or a conversion schedule; or one of several default values. 
These relationships between tip speed and rotational speed use the actual radius of the rotors in the flight 
state, which for a variable-diameter rotor may not be the same as the reference, hover radius. 

An optional conversion schedule is defined in terms of two speeds: hover and helicopter mode for 
speeds below Vchover , cruise mode for speeds above Vecruise, and conversion mode for speeds between 
kfehover and Vecruise • The tip speed is V« p - hover in helicopter and conversion mode, and Vti P _ cru i se in 
airplane mode. Drive-system states are defined for helicopter, cruise, and conversion-mode flight. The 
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flight state specifies the nacelle tilt angle, tip speeds, control state, and drive-system state, including the 
option to obtain any or all of these quantities from the conversion schedule. 

Several default values of the tip speed are defined for use by the flight state, including cruise, 
maneuver, one-engine inoperative, drive-system limit conditions, and a function of flight speed (piece- 
wise linear input). Optionally these default values can be input as a fraction of the hover tip speed. 
Optionally the tip speed can be calculated from an input C t /cf = t 0 - ph, from p = V/V tip , or from 
M at = Af tip v / (1 + p)' 2 + p\\ from which V tip = y/T/pAat 0 + {Vt 1 /2t 0 ) 2 + {Vt 1 /2t 0 ), Hip = V/p, or 
Hip = V( c sMat) 2 - V? ~ V. 

The sizing task might change the hover tip speed (reference tip speed for drive-system state #1), 
the reference tip speed of a dependent rotor, a rotor radius, or the specification engine turbine speed 
-ZVspec . In such cases the gear ratios and other parameters are recalculated. Note that it is not consistent 
to change the reference tip speed of a dependent rotor if the gear ratio is a fixed input. 


16-2 Power Required 

The component power required P com p is evaluated for a specified flight condition as the sum of 
the power required by all the components of the propulsion group. The total power required for the 
propulsion group is obtained by adding the transmission losses and accessory power: 


PreqPG Hx>mp “f" Ha 


+ Hu 


The transmission losses are calculated as an input fraction f xmsn of the component power plus windage 
loss: 


Hcmsn — ^xmsn/xmsm-fcomp Hvindage (H 


prim 


/Href) 


The factor f xmsui 
low power): 


can equal 1 or can include a function of the drive-shaft rating (increasing the losses at 


fx msm-Homp — ^ 


( 2 Hxiimit 
(I _ 3*2) Homp 


Q<\ 
\<Q< i 
l < Q 


where Q — Homp / limit , ^ } x limit — rHtj.siimjt , and v — N/N s p ec — --prim /f-rrf • Accessory losses are 

calculated as an input constant, a fraction of power required (such as environmental control unit (ECU) 
losses), infrared suppression (IRS) fan loss (if IRS system is on), and terms that scale with air density 
and rotor speed: 


-HccO facc(-Homp “1“ He msn ) -j- -I Rf;rn ^ -Hmg ^ -Hcc Ta ccn (j(flp r i ln /fl re f) 


where a = p/po is the density ratio. 

The power required for the propulsion group must be distributed to the engine groups. With only 
one engine group, P re qEG = PreqPG ■ An engine group power can be fixed at a fraction f P of the 
engine power available: P req EG = fp{N eng - N inop )P eng at the specified rating (each operating engine 
at fpP e n g ). The power required for the remaining (perhaps all) engine groups is distributed proportional 
to the engine rated power: 


PreqEG — ( PreqPG ^ ) PreqEG'} 


(Aeng ^ r inop)^eng 


fixed 


X)notfixed ( Aeng Aj nop ) P e ng 
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If the sum of the fixed P req EG exceeds the propulsion group power required, or if the power is fixed for 
all engine groups, then each is reduced by the ratio P req PG/ XXxed PreqEG- The result is that the power 
is distributed proportional to f P times the engine rated power. The fuel flow of the propulsion group is 
obtained from the sum over the engine groups: w req PG = WreqEG- 

16-3 Geometry 


The length of the drive system i D s can be input or calculated. The calculated length is the sum of 
the longitudinal, lateral, and vertical distances from the primary rotor hub to the other hub locations for 
all rotors in the propulsion group: £ds = f X)(|Aa;| + \Ay\ + |Az|), where / is an input factor. 

16-4 Drive-System Rating 

The drive-system rating is defined as a power limit, Posiimit • The rating is properly a torque limit, 
Q ds limit = Posiimit/f^ but is expressed as a power limit for clarity. The drive-system rating can be 
specified as follows: 

a) Input Posiimit • 

b) From the engine takeoff power rating, P D sii m i t = fi ir ,,i t Y] Ar png p. ng (summed over 
all engine groups). 

c) From the power available at the transmission sizing flight conditions, Pcsiimit = 

/limit (Dref/Dpri m ) ^ ^ Aeng Pav (largest of all Conditions). 

d) From the power required at the transmission sizing flight conditions, Posn mit = 

/limit (flref/I^prim) Xy -^eng Preq (l&T§CSt Of all Conditions). 

with /i imit an input factor. The drive-system rating is a limit on the entire propulsion system. To account 
for differences in the distribution of power through the drive system, limits are also used for the torque 
of each rotor shaft (Ppsiimit) and of each engine group (Pssiimit)- The engine-shaft rating is calculated 
as for the drive-system rating, without the sum over engine groups. The rotor-shaft rating is either input 
or calculated from the rotor power required at the transmission sizing flight conditions. The power limit 
is associated with a reference rotational speed, and when applied the limit is scaled with the rotational 
speed of the flight state. The rotation speed for the drive-system rating Pcsiimit is the hover speed of the 
primary rotor of the propulsion group (for the first drive state). The rotation speed for the engine-shaft 
rating Pesu mit is the corresponding engine turbine speed. The rotation speed for the rotor-shaft rating 
Ffisiimit is the corresponding speed of that rotor. 

16-5 Weights 


The drive system consists of gear boxes and rotor shafts, drive shafts, rotor brakes, clutches, and 
gas drive. The drive-system weight depends on the rotor and engine rotational speeds, evaluated for 
the propulsion group primary rotor and a specified engine group, at a specified drive-system state (gear 
ratio). 

The AFDD drive-system weight model depends on /q, the second (main or tail) rotor rated torque 
as a fraction of the total drive-system rated torque; and on f P , the second (main or tail) rotor rated power 
as a fraction of the total drive-system rated power. These parameters are related by the rotational speeds 
of the two rotors: f P = /Qfl ot her/D ma i n . Typically /p = /q = 0.6 for twin rotors (tandem, coaxial, and 
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tiltrotor configurations). For the single-main-rotor and tail-rotor configuration, typically /q = 0.03 and 
fp = 0.15 (0.18 with a two-bladed teetering main rotor). 



Chapter 17 


Engine Group 


The engine group consists of one or more engines of a specific type. For each engine type an engine 
model is defined. The Referred Parameter Turboshaft Engine Model (RPTEM) is implemented. 

The engine size is described by the power P eng , which is the sea-level static power available per 
engine at a specified takeoff rating. The number of engines N eng is specified for each engine group. 

If the sizing task determines the engine power for a propulsion group, the power P eng of at least one 
engine group is found (including the first engine group). The total power required isPpc = r Y, N eng P eng , 
where r = ma x.{P reqPG / Pcvpg) ■ The sized power is P size d = Ppg - Efixed N en g P e n g - Then the sized 
engine power is P eng = f n P s ize d/N eng for the n-th engine group (with f x = £n^i, sized fn for the first 
group). 


17-1 Engine Performance 


17-1.1 Power Available 

Given the flight condition and engine rating, the power available P 0 is calculated (from the specific 
power SP a and mass flow m a ). The flight-condition information includes the altitude, temperature, 
flight speed, and primary rotor speed; a power fraction f P ; and the states of the engine, drive system, 
and IR suppressor. The engine turbine speed is N = (60/27r)r eng !!l pr j ni , where n pri m is the current rotor 
speed and r eng is the gear ratio (depending on the drive-system state). If the reference primary rotor 
speed flprim corresponds to the specification turbine speed N spec , then r eng = S! S pecAVim; alternatively, 
the engine gear ratio can be a fixed input. 

In the engine model, installation losses Pi oss are subtracted from P a (P av = P a - Pi oss ), and then 
the mechanical limit applied: P av = min(P a „, P mec hfl). 

The engine model gives the performance of a single engine. The power available of the engine 
group is obtained by multiplying the single-engine power by the number of engines operational (total 
number of engines less inoperable engines): 

PavEG = (-^eng -^~inop) Pk; 

The propulsion group power available is obtained from the sum over the engine groups: P av PG = 
E fpPavEG , including a specified power fraction f P . 

The drive-system rating at the flight condition is rPosiimit, where r = O prim /fl re f . Optionally 
this limit is applied to the propulsion group power: P av PG = min(P a „p G , rPosiimit)- Similarly the 
engine-shaft limit at the flight condition is optionally applied to the engine group power. 
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17-1.2 Performance at Power Required 

The engine performance (mass flow, fuel flow, and gross jet thrust) is calculated for a specified power 
required P q , flight condition, and engine rating. The flight condition includes the altitude, temperature, 
flight speed, and primary rotor speed; and engine, drive system, and IRS states. The engine turbine 
speed is IV = r en gflp r j m . 

The engine model deals with a single engine. The power required of a single engine is obtained 
by dividing the engine group power by the number of engines operational (total number of engines less 
inoperable engines): 

Preq = PreqEG / (-^V e ng ATj n 0 p) 

In the engine model, installation losses floss are added to P req (P q = P req + fl oss )- 

The engine model gives the performance of a single engine. The performance of the engine group 
is obtained by multiplying the single-engine characteristics by the number of engines operational (total 
number of engines less inoperable engines): 

WlreqEG — (-^eng A/i n0 p)77 ? T eq 

W reqEG ~ (-^eng ATj n0 p )w req K f fd 

FnEG = (-^eng Ninop) Pn 

f^au xEG = (-^eng A/i n0 p)Z) aux 

The fuel flow has also been multiplied by a factor accounting for deterioration of the engine efficiency. 

17-13 Installation 

The difference between installed and uninstalled power is the inlet and exhaust losses fl OS5 : P av = 
P a ~ floss and P req = P q - fl oss . The inlet ram recovery efficiency r/ d is included in the engine-model 
calculations. The inlet and exhaust losses are modeled as fractions of power available or power required: 
floss = (fln+fex)fli or fl 0 ss = (fln+4x)flj- Installation effects on the jet thrust are included in the engine 
model. The momentum drag of the auxiliary-air flow is a function of the mass flow m aux = / aux m re? : 

flmx = (1 ^mx) m aux 1" = ( 1 f/aux ) faux f^treq 

where ?y aux is the ram recovery efficiency. Exhaust losses (£ ex ) and auxiliary-air-flow parameters (r? aux , 
faux) are defined for IRS on and off. Inlet particle-separator loss is added to the inlet losses (fl„). 

17-2 Control and Loads 

The engine orientation is specified by selecting a nominal direction e/o in body axes (positive or 
negative x, y, or 2 -axis; usually thrust forward, hence positive x-axis); and then applying a yaw angle 
ip, then an incidence or tilt angle i (table 17-1). The yaw and incidence angles can be connected to the 
aircraft controls c AC '. 

ip = ipo + T^cac 
i = io + TiCAc 

with ipo and zero, constant, or a function of flight speed (piecewise linear input). Hence the incidence 
and yaw angles can be fixed orientation or can be control variables. Optionally the lateral position of the 
engine group can be set equal to that of a designed rotor (useful for tiltrotors when the rotor hub lateral 
position is calculated from the clearance or wing geometry). 
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The engine group produces a jet thrust F N , acting in the direction of the engine; a momentum drag 
Aiux, acting in the wind direction; and a nacelle drag D najc , acting in the wind direction. The engine 
group is at location z F . The force and moment acting on the aircraft in body axes are thus: 

F f = efFjq + e d D 

aux + e d,D nac 

M f = Az f F f 

where A z F = z F - z F g , e/ is the engine-thrust direction and e d is the drag direction. The velocity relative 
to the air gives e d = -v F /\v F \ (no interference). The engine axes are C BF = UiV^, where U and V 
depend on the nominal direction, as described in table 17-1 . The engine direction is e/ = C FB ef 0 . 

For a tiltrotor aircraft, one of the aircraft controls is the nacelle angle, with the convention a ti i t = 0 
for cruise and a t ;it = 90 degree for helicopter mode. The engine incidence angle is then connected to 
a t iit by defining the matrix 7) appropriately. If the engine nominal direction is defined for airplane mode 
(+x), then i = a t ;it should be used; if the engine nominal direction is defined for helicopter mode (-z), 
then i = a t iit - 90 should be used. 


Table 17-1. Engine orientation. 

nominal (F axes) e/ a incidence, + for force yaw, + for force C BF = UiV ^ 


X 

forward 

i 

up 

right 

YiZ^ 

—X 

aft 

—i 

up 

right 

Y_iZ_, + 

V 

right 

3 

aft 

up 

Zi X_Tf, 

-y 

left 

-3 

aft 

up 

Z—iX^ 

z 

down 

k 

aft 

right 

Y_iX^ 

—z 

up 

-k 

aft 

right 

Y t X^ 


17-3 Nacelle Drag 

The engine group includes a nacelle, which contributes to the aircraft drag. The component drag 
contributions must be consistent. The pylon is the rotor support and the nacelle is the engine support. 
The drag model for a tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag), 
since the pylon is connected to the rotor-shaft axes; with non-tilting engines it would use the nacelle 
drag as well. 

The nacelle drag acts at the engine location z F . The nacelle axes are the engine axes, hence C BF is 
calculated as described previously (see table 17-1). For the engine nominal direction forward (+x-axis), 
the nacelle z-axis is downward and the x-axis is forward; zero incidence angle corresponds to zero 
angle-of-attack; and 90 degree incidence angle corresponds to 90 degree angle-of-attack (vertical drag). 
The velocity, angle-of-attack, and dynamic pressure are calculated at the nacelle (without interference). 
The reference area for the nacelle drag coefficient is the nacelle wetted area. The wetted area per engine 
is input, or calculated either from the engine system (engine, exhaust, and accessories) weight or from 
the engine-system plus drive-system weight: 

S wet = k(w/N eng ) V3 

where w = Wes or w = W E s + W g b rs /N EG and the units of k are feet 2 /pound 2 / 3 or meter 2 /kilogram 2 / 3 . 
The reference area is then S nac = A^ng^'wet- The nacelle area is included in the aircraft wetted area if 
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the drag coefficient is nonzero. The drag area or drag coefficient is defined for forward flight and for 
vertical flight. The drag coefficient at angle-of-attack a is 


Cd = Cdo + {Cdv ~ Cdo)| sin 


typically using X d = 2. In sideward flight, C D = C D0 is used. The nacelle drag is D nac = qS nax .C D . 

17-4 Engine Scaling 


The parameters of the engine model can be defined for a specific engine, but it is also necessary to 
scale the parameters as part of the aircraft sizing task, in order to define an engine for a specified power. 
In addition, advanced technology must be represented in the model. Scaling and advanced technology 
are handled in terms of specific power and specific fuel consumption (at SLS static conditions, MCP, and 
AT spec ). Figures 17-1 through 17-3 present historical data for engine specific fuel consumption, weight, 
and specific power, respectively; the variation at a given power reflects technology insertion with time. 

The engine model includes reference values of the engine performance parameters: P 0R , SP 0R , 
Pmechfl , sfcoc ,SF 0C , N spec , and N opt0C . Mass flow and fuel flow are obtained from fn 0R = Por/SP or and 
wqc = sfcoc -Poe- The reference power at each engine rating R defines a ratio to MCP: r p0R = Pqr/Poc- 
Similarly for specific power and mechanical limits: r s0R = SPo R /SPoc and r m0R = P mec hR./ Poc ■ These 
ratios are kept fixed when the engine is scaled. 

The engine size is specified as takeoff power P to = Peng- power at rating R, for SLS static conditions 
and specification turbine speed N spec . Hence the MCP is P 0 c = Pto/rpoR, and the power at all other 
ratings follows. 

The actual (perhaps scaled) values of the performance parameters are available for the engine group: 

^ 0 H , SP 0R , PmechRi sfcoC j PgO C > N spec , N O pt0C • 


17-5 Weights 

The component weight consists of engine system, engine section or nacelle group, and air induction 
group. The engine system consists of engine, exhaust system, and accessories. The engine section or 
nacelle group consists of engine support, engine cowling, and pylon support. These weights are for the 
engine group, consisting of N eng engines. 
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Figure 17-1. Historical data for turboshaft-engine specific fuel consumption. 
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Figure 17-2. Historical data for turboshaft-engine weight. 
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Chapter 18 


Referred Parameter Turboshaft Engine Model 


Aircraft gas-turbine-engine performance capabilities are formally specified by computer programs 
known as engine decks, which are created by engine manufacturers in an industry-standard format. 
Engine decks are typically based on thermodynamic cycle analysis using real engine-component per- 
formance maps. The most important performance maps for turboshaft engines are compressor, gas- 
generator turbine, and power turbine. These component performance maps are critical to obtaining 
realistic off-design engine performance. Design and analysis codes calculate aircraft performance for 
a very wide range of operating conditions. Thus engine performance must be realistic even far from 
the engine design point. A simple thermodynamic cycle analysis that assumes design-point component 
efficiencies everywhere is not realistic for such an application. Rather than developing models for com- 
ponent performance, the approach taken is to use a model for the total engine performance. The engine 
is not being designed. 

The Referred Parameter Turboshaft Engine Model (RPTEM) is based on curve-fits of engine 
performance data for existing or projected engines over a range of operating conditions. The curve-fits 
are typically obtained by exercising an engine deck. The use of referred parameters tends to collapse 
the data, and provides a basis for scaling the engine. The operating condition is described by pressure 
altitude, ambient air temperature, flight Mach number, power-turbine speed, exhaust-nozzle area, and 
either engine rating or engine power required. These curve-fits, typically based on real engines, are 
scaled to the required size and adjusted to the appropriate technology level to represent a notional 
engine. Engine size is represented by mass flow. Engine technology is represented by specific power 
available and specific fuel consumption at maximum continuous power (MCP), sea level/standard day 
(SLS), static (zero airspeed) conditions. Engine installation effects (inlet and exhaust losses) are also 
modeled. 

The use of referred parameters to curve-fit engine performance data was suggested by David 
Woodley from Boeing during the Joint Vertical Experimental (JVX) program (1983). The RPTEM 
was developed and documented by Michael P. Scully and Henry Lee of U.S. Army Aeroflightdynamics 
Directorate (AFDD), with a subsequent implementation written by Sam Ferguson (1995). 

18-1 Operating Environment 


The operating condition and atmosphere give the standard conditions (temperature T std and pressure 
p s td) for a specified pressure altitude; the sea-level standard conditions (temperature T 0 and pressure po); 
and the operating temperature T and pressure p = p st d . Here the temperatures are °R or °K. The engine 
characteristics depend on the temperature ratio 6 = T/T 0 and pressure ratio S = p/po- 

The flight Mach number M = V/c a = V/c s0 \/d is obtained from the aircraft speed V. 
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The inlet ram air temperature ratio and pressure ratio are obtained then from M and the inlet ram 
recovery efficiency %: 

6 m = ( 1 + ^^M 2 ^ = (! + 0.2 M 2 ) 

6 m = (l + 7_1 = (1 + 0.2 %M 2 ) 3 ' 5 

where the ratio of specific heats 7 = 1.4. 

18-2 Engine Ratings 


The power available from a turboshaft engine depends on the engine rating. Each engine rating 
has specific operating limitations, most importantly an operating time limit intended to avoid damage 
to the engine. Typical engine ratings are given in table 18-1. Engine power is generally specified in 
terms of SLS static MCP. Takeoff typically uses MRP. CRP or ERP are restricted to use in one-engine 
inoperative (OEI) emergencies. 


Table 18-1. Typical engine ratings. 


rating 

description 

time limit 

MCP 

maximum continuous power 

00 

IRP 

intermediate rated power 

30 min 

MRP 

maximum rated power 

10 min 

CRP 

contingency rated power 

2.5 min 

ERP 

emergency rated power 

1.0 min 


18-3 Performance Characteristics 

The engine performance is described by: the power available P a , at each engine rating and the 
specification engine-turbine speed AT spec ; the mass flow rh and fuel flow w required to produce power 
required P q at engine-turbine speed N; and the gross jet thrust F at a given power required P g . Then the 
specific power is SP = P/m, and the specific fuel consumption is sfc = w/P. 

The reference performance is at sea-level-standard static conditions (subscript 0), and MCP (sub- 
script C). Referred or corrected engine parameters are used in the model: 


power 
mass flow 
specific power 


P 

6V$ 

rh 

JJTe 

P/m 

~e~ 


fuel flow 
thrust 

turbine speed 


ui 

6V$ 

F 

J 

N 

71 


For each rating R, the performance is characterized by the following quantities for sea-level-standard 
static conditions: power P 0R , specific power SPqr, and mechanical power limit P me chH. The mass flow 
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is then m 0R = Pqr/SP or . The gross jet thrust F g0C is given at MCP. These characteristics are at the 
specification turbine speed N spec . 

The installed power required P req and power available P av > P req are measured at the engine output 
shaft. In addition to shaft power, the engine exhaust produces a net jet thrust Fn, from mass flow that 
goes through the engine core. The fuel flow and mass flow are the total required to produce the shaft 
power and jet thrust. The forces produced by mass flow that does not go through the engine core (such 
as IR suppressor or cooling air) are treated as momentum drag D aux . 

The difference between net and gross jet thrust is the momentum drag: F n = F g — m req V = 
fn req (Vj - V ) , where Vj is the engine-jet-exhaust velocity. Note that traditional units for mass flow are 
pound/sec (pps), while this equation requires slug/sec ( m req /g replaces rh req ). 

The uninstalled power required is P q , the power available P a , the gross jet thrust F g , and net jet thrust 
F n . The engine model calculates P a as a function of flight condition and engine rating; or calculates 
engine mass flow, fuel flow, and jet thrust at P q . 


18-4 Installation 


The difference between installed and uninstalled power is the inlet and exhaust losses Pi 088 : 



= P a ~ P\o 

= Pq- P\o 


The inlet ram-recoveiy efficiency rjd (through S M ) is included in the engine model calculations. The inlet 
and exhaust losses are modeled as fractions of power available or power required: Pi OS8 = (£ in + t ex )Pa 
Or Pioss = if-in F 4x )P q . So 

Pav =Pa{ 1 - 4n ~ 4x) 

Pq = Preq / (1 “ 4 n ~ 4x) 

The engine model gives uninstalled power and the gross thrust F g for a nominal exhaust nozzle area. The 
gross jet thrust Fg and exhaust power loss (4x) are both functions of the exhaust-nozzle area. Smaller 
exhaust-nozzle areas increase exhaust losses and increase gross thrust. Thus the ratio of installed to 
uninstalled thrust is approximated by a function of the exhaust power loss: 


Fc/Fg — K f gr — Kfg r o ~r Kf gr i£ ex + Ff gr‘2p lx F Ff (j rlp tx 


so the net installed jet thrust is 

Fn — K fgr Fg 7Tl req V 

The momentum drag of the auxiliary air flow is a function of the mass flow m aux = f aux rh req : 


P;mx — (1 ijiuix) riliu.x ^ ' — (1 ^/aux ) .faux ^'^riq 1' 

where ?y aux is the ram-recovery efficiency. Exhaust losses (4x) and auxiliary air-flow parameters (r? aux , 
/aux) are defined for IR suppressor on and off. Inlet particle separator loss is added to the inlet losses 

( 4 in)- 


18-5 Power-Turbine Speed 


The shaft power available is a function of the gas power available Pa and the power-turbine 
efficiency rj t : P Q = r/ t Pc. Generally the power-turbine speed N has a significant effect on r] t , but almost 
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no effect on Pc- The model used for the efficiency variation is rj t = 1 - | (N/N opt ) - l \ XNr < , where N opt 
is the speed for peak efficiency, hence 

P(N) nt(N) i-|(AT/Ar opt )-i|^n 

P(N S pec) T)t(N s pec) 1 - K-^spec/^Vopt) - ll^ 

Two approximations for the optimum turbine speed are used. The first is a linear expression in p = 
P/(P 0 rSV6): 

N op t = N spec Vd n opt a\/ 0 m H ^° ptB pj 

and the second is a cubic function of p = P/(PqcSV0): 

Nopt = -^VoptOCV^ (-ffjVoptO + NNoptlP + KNoptlP 1 + ffjVopt3 P 3 ) [0m] X n ° p1 

The second expression is based onalargerdatasample. For power-available calculations, P = P a (N spec )] 
for power-required calculations, P = P q {N). 


18-6 Power Available 


Given the flight condition and engine rating, the power available P a is calculated as follows. The 
specific power and referred mass flow (at JV spe c, relative to SP 0 and mo for this rating) are approximated 
by functions of the ambient temperature ratio 9 and inlet ram air ratios: 


SP a (N apec ) = S P 0 6 K spa 
m a (N s pec ) = mo (s/Ve^j e Kmfa 


'■m/a 


where the static lapse rate (K spa , K m f a ) and ram air exponents (X spa , X m f a ) are piecewise linear 
functions of 9. The power available is then 


Pa(N s pec ) = P C 


PPa(N s pec ) rila(N S p ec ) 


SP 0 


m 0 




+-^m/ 


a 


This expression for m a is used only to calculate P a ; elsewhere the m q expression for performance at 
power required is used to obtain the mass flow at a power P q . Finally 


Pa(N) = P a (N spec ) 


1 - \(N/N opt ) - l\ x »* 

1 - \(N spec /N opt ) - l\ x »v 


is the power available at turbine speed N. Installation losses Pi oss are subtracted from P a (P av = 
P a - Pioss), and then the mechanical limit is applied: P av = min(P ou , P mec hH)- 


18-6.1 Piecewise Linear Parameters 

Several parameters K are input as piecewise linear functions of the temperature ratio 9. One format 
of the input is a set of I regions, with the function in the i-th region given by K = K 0i + K u 0. The break 
point between the * and i — 1 regions is 

_ K 0i - A'o(i-i) 
bi ~ K u - X 1(i _ 1} 

Kbi = Koi + Ku9b 
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for i = 2 to I. Another format is a set of I + 1 break points, with the values at the i-th point ( du , K bi ). 
Then the coefficients between i and i + 1 are 

Kbi@b(i+1) F-b(i+l)^bi 
®b(i+l) ®bi 
—Kbi + K b (i+i) 

9b(i+ 1) @bi 

for i = 1 to I. The interpolation is performed using K = K 0i + Ku6 for 6 in the range 0 b i to 0 b ^ i+1 ). 
Outside the defined regions, the linear expression is continued; hence 0^ is used only for i = 2 to I. 


K 0i = 
K u = 


18-7 Performance at Power Required 


The engine performance (mass flow, fuel flow, and gross jet thrust) is calculated for a specified power 
required P q (which might equal the power available), flight condition, and engine rating. Installation 
losses Pi oss are added to P req (P q = P req + Pi oss ). The referred quantities (relative to SLS static MCP 
quantities) are approximated by cubic functions of q = P q (N spec ) / (P oc 5\/0): 


W req — Wqc (sVifj {Kffq 0 + PffqlQ + Kffq ^ f fq'A ( f) m\ Xffq 

ITlreq = fTlQC {j^mfq 0 P P rr if q 1 Q P KmfqlQ 3" P mf q'.l f ) [@m] 

Fg = FgOC (^) (PfgqO + PfgqlQ + P fgqlQ + P fgq‘A ( l ) [@m] f ° g 

at N spec , with wqc = sfcocPoc ■ The mass flow and fuel flow are primarily functions of the gas power P G , 
and are assumed to be independent of r ] t , hence independent of turbine speed. However, these equations 
are functions of P q (N spec ) , obtained from P q {N) using 


Pq(N spec ) = P q (N) 


1 - \(N spec /N opt ) - l\ x »* 
1 - \(N/N opt ) - l|*"i 


Then the installed net jet thrust F N and momentum drag £> aux are calculated. 


18-8 Scaling 

The parameters of the engine model can be defined for a specific engine, but it is also necessary to 
scale the parameters as part of the aircraft sizing task, in order to define an engine for a specified power. 
In addition, advanced technology must be represented in the model. Scaling and advanced technology 
are handled in terms of specific power and specific fuel consumption (at SLS static conditions, MCP, 
and AT spec ). 

The engine model includes reference values of the engine performance parameters: Pqr, SP or , 
Pmechfl, sfcocs SF 0C , N apec , N opt0C . Mass flow and fuel flow are obtained from rn QR = P 0R /SP 0R and 
wqc = sfcoc’Poc. The reference power at each engine rating R defines a ratio to MCP: r p0R = Pqr/Pqc- 
Similarly for specific power and mechanical limits: r s0R = SP 0R /SP 0 c, r m0R = P mtx h R / P qc ■ These 
ratios are kept fixed when the engine is scaled. 

The engine size is specified as takeoff power P to = P e ng , which is the power at rating R for SLS 
static conditions and specification turbine speed N spec . Hence the MCP is Pqc = Pto/r P o R , and the 
power at all other ratings follows. 
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The engine technology parameters SPqc and sfcoc are assumed to vary linearly with mass flow rhoc 
up to a limit mii m , and constant thereafter at SPu m and sfcii m . The mass flow at the reference condition 
is m re f = P Te f/SP Te {, with the reference values SP ie ; and sfc re f . The functions are defined by the limit 
values, and by the intercept values SP zeio and sfc zero at rhoc = 0. If m re f > rhii m , the limit values 
are set to the reference values. If m re f < rhii m , the intercept values are projected from the reference 
values: SP zeio = SP re ; - rh Te fX, x = (SPu m - SP Te j)/{rn\s m - m re f); and similarly for sfc zero - Then for 
m oc < rhii m 

SPqc ^ -Pzero "f" Pspl'^'OC AspO "h Pspl^lQC 

Sfcoc — sfc zero “I - K s ^ c \TTLq(J — P s f cO ”1" Psfcl'^OC 

and for rhoc > rhiim 

SP 0C = SP lim 

Sfcoc sfcijm 

From the limit and intercept values, the slopes are K spl = (SPu m - 5P zero ) /rn\ im and K s f c i = (sfcii m - 
sfc zero ) /rhiim • Usually the effect of size gives K sp 2 > 0 and K s f c2 < 0. The power at the limit is 
Piim = SPum rhiim- Using rhoc = Pqc/SPqc, the specific power equation can be solved for the mass flow 
given the power: 


( Poc/SPlim Poc > Plim or K sp 1 = 0 

rhoc = \ / 

1 + W - TK, otherwise 

From this mass flow, SP 0 c and sfc 0 c are calculated, hence the fuel flow w 0 c = sfc 0 cPoc- The specific 
thrust available at MCP is assumed to be constant, and the specification power turbine speed decreases 
with the mass flow: 


F a oc = SFqc rhoc 


N S pec = (j^spec ~ Knsi/ \Aho c) f + K Ns2 / \/ TTloC = K Ns l + Knsi/ \ f^ 0 C 


PoptOC — Nspec 


NoptOC ^ 


N„ 


spec / re f 


Then the power and specific power at all ratings R are obtained from the ratios: P 0R = r p0R P 0 c, 

SPqR = r s Q R SPoc, Pmechfl = I'mi) ItJ 0C ■ 


18-9 Engine Speed 

The model as described in the previous sections may not adequately account for variation of engine 
performance with engine speed, so it is also possible to define the parameters corresponding to a set 
of engine-speed ratios r = N/N apec . Then the engine-performance and power-available quantities are 
linearly interpolated to obtain the values at the required engine speed N. If this option is used, then the 
correction based on P(N)/P(N spec ) = r]t(N)/r) t {N spec ) is not applied. 

18-10 Weight 

The engine weight can be a fixed input value, calculated as a function of power, or scaled with 
engine mass flow. As a function of power, the weight of one engine is: 

Wone eng = Aoeng “f F-lengF -f- A*2eng P eng 
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where P is the installed takeoff power (SLS static, specified rating) per engine. A constant weight per 
power W/P is given by using only K leJlg . Alternatively, the specific weight SW = P/W can be scaled 
with the mass flow rh 0 c- The scaling is determined from the specific weight SW re f at the reference mass 
flow m re f; and either the limit SWii m at mi im (for m re f < rhi im ) or the intercept SW xeTO at rh = 0 (for 
nr re f ^ //Mini ) • Then 


SW = 


^Wzero “1“ !<sw 1 ///()// — F sw q “f F sw \rhQ C 

SW lim 


rhoc < mum 
m oc > mum 


and W one eng = P/SW. 


18-11 Units 


In this engine model, only the reference values and scaling constants are dimensional . Conventional 
English units and SI units are shown in table 1 8-2. Units of specific power and specific fuel consumption 
follow from these conventions. 


Table 18-2. Conventional units. 



power P 

mass flow rh 

fuel flow w 

force F 

turbine speed N 

English: 

horsepower 

pound/sec 

pound/hour 

pound 

rpm 

SI: 

kiloWatt 

kilogram/sec 

kilogram/hour 

Newton 

rpm 


18-12 Topical Parameters 

Typical values of the principal parameters describing the engine and its performance are given in 
table 18-3 for several generic engine sizes. These values represent good current technology. Advanced 
technology can be introduced by reducing the specific fuel consumption and weight, and increasing the 
specific power. Typical ratios of the power, specific power, and mass flow to the values at MCP are given 
in table 18-4 for several ratings. Figure 18-1 shows typical performance characteristics: fuel flow w, 
mass flow rh, and net jet thrust F g variation with power P and speed (referred quantities, normalized, at 
/V spec ). Figure 18-2 shows typical variation of the power available with engine-turbine speed. Figures 
1 8-3 to 1 8-8 show typical power-available characteristics: specific power SP, mass flow rh, and power P 
variation with temperature ratio 6, for static and 200 knots conditions and several engine ratings (referred 
quantities, normalized, at AT spec ). 
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Table 18-3. Typical engine-performance parameters. 


power (MCP) 

Pqc 

500 

1000 

2000 

4000 

8000 

16000 

hp 

specific power 

SP 0C 

116 

125 

134 

143 

153 

164 

hp/lb/sec 

mechanical limit 

P cnech. 

750 

1500 

3000 

6000 

12000 

24000 

hp 

specific fuel cons. 

sfcoc 

0.54 

0.48 

0.44 

0.40 

0.38 

0.35 

lb/hp-hr 

specific jet thrust 

SF 0C 

5.9 

7.3 

8.9 

11.0 

13.6 

16.7 

lb/lb/sec 

gross jet thrust 

FgOC 

25 

58 

134 

308 

707 

1625 

lb 

mass flow 

moc 

4.3 

8.0 

15.0 

27.9 

52.1 

97.3 

lb/sec 

turbine speed 

N 

av spec 

35600 

26100 

19100 

14000 

10200 

7500 

rpm 

weight 

W/P to 

0.34 

0.23 

0.18 

0.16 

0.16 

0.15 

Ib/hp 


Table 18-4. Typical parameter ratios for various ratings (percent). 




IRP 

MRP 

CRP 

Pmech 

power 

Po/Poc 

120 

127 

133 

150 

specific power 

SPq/SPqc 

117 

123 

128 


mass flow 

rno/rh 0 c 

102.6 

103.2 

103.9 












SP/SPn SP/SP 




m/ n^) 





Chapter 19 


AFDD Weight Models 


This chapter presents the rotorcraft weight models developed by the U.S . Army Aeroflightdynamics 
Directorate (AFDD). For some weight groups several models are available, designated AFDDnn. The 
weights are estimated from parametric equations, based on the weights of existing turbine-powered 
helicopters and tiltrotors . The figures of this chapter compare the weights calculated from these equations 
with the actual weights. The results of these equations are the weight in pounds, and the units of the 
parameters are noted in the tables. Technology factors x are included in the weight equations. Typically 
the input includes a weight increment that can be added to the results of the weight model. Weights 
of individual elements in a group can be fixed by setting the corresponding technology factor to zero, 
hence using only the input increment. 

The weight models are implemented as part of the aircraft components. The weights are entered 
into the weight statement data structure (extended RP8A format) for each component, reflected in the 
organization of this chapter. 


19-1 Wing Group 


The wing group consists of: basic structure (primary structure, consisting of torque box and spars, 
plus extensions); fairings (leading edge and trailing edge); fittings (non-structural); fold/tilt structure; 
and control surfaces (flaps, ailerons, flaperons, and spoilers). There are separate models for a tiltrotor 
or tiltwing configuration and for other configurations (including compound helicopter). 

19-1.1 Tiltrotor or Tiltwing Wing 

Wing weight equations for a tiltrotor or tiltwing aircraft are based on methodology developed by 
Chappell and Peyran (refs. 1 and 2). The wing is sized primarily to meet torsional stiffness requirements. 
The primary structure weight is calculated from torque box and spar weights: 


ax — AtbPtbbw / &tb 
fFsp ar ^t-^-spPsp^w / ^sp 
^-’prim — (IFb ox “i IFspar ) /unity 
IFprim — Xprim ^'pi im 


A consistent mass-length-time system is used in the equations for lFb ox and W spar , which therefore have 
units of slug or kilogram. The primary structure weight Wp rim however has units of pound or kilogram, 
hence a conversion factor /units = g is required for English units. The wing fairing (leading edge and 
trailing edge), control surface (flaps, ailerons, flaperons, and spoilers), fittings (non-structural), and 
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fold/tilt weights are: 


Unfair — $fair f/f&ir 
^flap = ^flapf/flap 
/fit 


W fit = 


(tiJprim “1“ ^'fai r + ^flap) 


l-/fit 

Wfold = /fold (Wprim + Wf a j r + Wfl ap + Wfi t + W t j p ) 


Unfair — Xfair'd-'fair 

Wflap Xflap^flap 

Wfit = XfitWifit 

Wfold = Xfold^fold 


The control surface area Sfl ap for a tiltrotor wing is the sum of the flap and flaperon areas. The fairing 
area is 

“^fair = (pw ^attach) Cw (1 ^tb) *^fiap 


The wing extension weight is: 


^ext ^ext f^ext H^ext Xext^ext 

Refold = /efoldWext Wefold = Xefold Refold 


and these terms are added to W prim and Wf 0 id ■ The tiltrotor-wing weight (and wing folding weight in 
fuselage group) depends on the weight on the wing tips, W t i P , which is the sum of rotor group, engine 
section or nacelle group, air induction group, engine system, drive system (except drive shaft), rotary 
wing and conversion flight controls, hydraulic group, trapped fluids, and wing extensions. The weight 
on wing tip is used as the fraction / tip = W tip /WsD', the mass on the wing tip is M tip (slug or kg). 

To estimate the wing weights, the required stiffness is scaled with input frequencies (per rev) of the 
wing primary bending and torsion modes. First the torque box is sized to meet the torsional stiffness 
(frequency) requirement. Next spar-cap area is added as required to meet the chord and beam bending- 
frequency requirements. Finally spar-cap area is added if necessary for a jump takeoff condition. Wing 
section form factors, relating typical airfoil and torque-box geometry to ideal shapes, are input or 
calculated from the thickness-to-chord ratio and the torque-box-chord to wing-chord ratio: 

F b = 0.073 sin(27r {t w - 0.151)/0.1365) + 0.14598r w 

+ 0.610 sin(27r(u; t 6 + 0.080)/2.1560) - (0.4126 - 1.6309r w )(u; t6 - 0.131) + 0.0081 

F c = 0.640424«4 - 0.89717 w tb + 0.4615r w + 0.655317 

F t = ((0.27 - T ro )/0. 12)0.12739 (-0.96 + ^3.32 + 94.6788 w tb - (w tfc /0.08344) 2 ) 

- 2.7545«4 -(- 5.1799w t6 - 0.2683 
Fvh = 0.25 sin(5.236w;t(,) +0.325 

for beam bending, chord bending, torsion, and spar cap vertical/horizontal bending. The ideal shape 
for torsional stiffness is a tube of radius t w , so the torsional stiffness J = FrA^t^/A. The ideal shape 
for chord bending is two caps c t b apart, so Ictb = FcAtbC bb /A. The ideal shape for beam bending is two 
caps t w apart, so Ib sv = F VH A sp t l w !A and Isa = F B A tb t 2 w jA. The torque-box cross-sectional area is 
obtained from the wing-torsion frequency; 

GJ = (wtH) —b w -M t i p r py i on 
A t b = AGJ/{GtbF T t^ 1 ) 
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The spar-cap cross-sectional area (in addition to torque-box material) is obtained from beam and chord 
bending frequencies: 

EIc = 2 "^tip/mode 

EI b = (w B fl) 2 ~^w g ip /mode 

Elctb = E tb F c A tb c^ b /4 
EIcsp = EIc — Elctb 
Acsp = EIcsp/ (E S pC b b/ 4) 

Elstb = E tb F B A tb t^,/4 
EIvh = E sp F VH A Cs pi 1 w /4 
EIbsp = EI b ~ EI B tb ~ EI VH 
-A-Bsp = EIbsp/ {E sp t w / 4 ) 

EI S p = Elys + EIbsp 

A S p — Acsp Assp 

where EIc sp and EI Bsp are replaced by zero if negative (no additional spar material required) . The factor 
/mode = 1 - /tip is a mode-shape correction for fuselage motion. Next the primary structure, fairing, 
flap, and fitting weights are calculated as before; and the sum W wing = W prim + + Wr &p + Wat- 

Additional spar-cap material for a jump takeoff condition is obtained from the ultimate applied bending 
moment at the wing root: 

M v = T cap f w ( 0.75(1 - /t ip ) - 0.375 (C/M(W wing /W SD )) 

where T cap is the maximum thrust capability of one rotor, equal to the greater of n iuinp WsD/N IotoI or 
(Cr/cr)pA b V£ p (from an input Ct/o at the jump takeoff condition, SLS and hover rotor speed). The 
bending-moment capacity of the wing is 


M tb = 2EI Btb eu/t w 
A Is P = < I‘E rn EI S p€u /t w 

Then the additional cross-section area is obtained from the moment deficit: 

AM = Mu- (M tb + M sp ) 

AA sp = 2A M/(euE sp t w ) 

AfTg pa r — Cj AA S pp S pb w f Cgp 

where AM is replaced by zero if negative (no additional spar material required). If AW spar is positive, it 
is added to W spai , and the primary structure, fairing, flap, and fitting weights are recalculated. Parameters 
are defined in table 19-1 , including units as used in these equations. Here a consistent mass-length-time 
system is used, producing W^ox and W spar in slug or kilogram. Typically the input uses conventional 
English units for density (pound/inch 3 ) and modulus (pound/inch 2 ). 
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Table 19-1. Parameters for tiltrotor-wing weight. 


parameter 

definition 

units 

^box? ^spar 

wing torque box and spar weights 

slug or kg 

W S D 

structural design gross weight 

lb 

(C'j'/o')j um p 

rotor maximum thrust capability (jump takeoff) 


^jump 

load factor at Wsd (jump takeoff) 


N rotor 

number of rotors 


byj 

wing span (length of torque box) 

ft or m 

£yj = bw ^ fus 

wing length (span less fuselage width) 

ft or m 

Cyj 

wing chord 

ft or m 

w t b 

torque box chord to wing chord ratio 


Ctb — 'WtbCw 

torque box chord 

ft or m 

Tyj 

wing airfoil thickness-to-chord ratio 


tyj = TyjCw 

wing thickness 

ft or m 

T pylon 

pylon radius of gyration (pitch inertia = rp ylon M tip ) 

ft or m 

n 

rotor speed for wing weight design condition 

rad/sec 

CUT 

wing torsion mode frequency (fraction rotor speed) 

per rev 

U>b 

wing beam bending mode frequency (fraction rotor speed) 

per rev 

UJe 

wing chord bending mode frequency (fraction rotor speed) 

per rev 

Ptb 

density of torque box material 

slug/ft 3 or kg/m 3 

Psp 

density of spar cap material 

slug/ft 3 or kg/m 3 

G tb 

torque box shear modulus 

lb/ft 2 or N/m 2 

Etb 

torque box modulus 

lb/ft 2 or N/m 2 

E S p 

spar modulus 

lb/ft 2 or N/m 2 

£U 

ultimate strain allowable (minimum of spar and torque box) 


c t 

weight correction for spar taper (equivalent stiffness) 


Cj 

weight correction for spar taper (equivalent strength) 


C m 

strength correction for spar taper (equivalent stiffness) 


&tb 

structural efficiency factor, torque box 


€ sp 

structural efficiency factor, spars 


^fair 

unit weight of leading and trailing edge fairings 

lb/ft 2 or kg/m 2 

^flap 

unit weight of control surfaces 

lb/ft 2 or kg/m 2 

$fair 

area of leading and trailing edge fairings 

ft 2 or m 2 

*5flap 

area of control surfaces 

ft 2 or m 2 

/at 

wing fittings and brackets (fraction total weight excluding fold) 

/fold 

wing fold/tilt (fraction total weight excluding fold, including weight on tips) 

^attach 

width of wing structural attachments to body 

ft or m 

^ext 

unit weight of wing extension 

lb/ft 2 or kg/m 2 

^ext 

area of wing extensions (span 6 ext times mean chord c ex t) 

ft 2 or m 2 

/efold 

wing extension fold/tilt (fraction extension weight) 
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19-1.2 Aircraft Wing 


There are two models intended for the wing of a compound helicopter: area method and parametric 
method. For the area method (based on weight per unit area), the total wing weight excluding folding 


^wing 


/prim — 1 /fair /flap /fit 

Typically U w = 5 to 9 lb/ft 2 . For the parametric method (AFDD93), the total wing weight including 
folding is: 

( W S D V' 8 .,0.39579 eO-21754 ^0.50016 


5.66411/ LG i 0 


1000 cos A„ 


((1 + A w )/r w ) 0 09359 (1 - b iold y 


/prim 1 /fair /flap /fit /fold 

where /lgi oc = 1.7247 if the landing gear is on the wing, and 1.0 otherwise. Based on 25 fixed-wing 
aircraft, the average error of the aircraft-wing equation is 3.4% (fig. 19-1). Then the primary structure, 
secondary structure, and control surface weights are: 

IFprirri = Xprim/primUlwing 

Wfair = Xfair/fairUlwing 

Wflap = Xfiap/flapUlwing 
Wfit = Xfit/fit lowing 
Wfold Xfold/fold^wing 

The wing extension weight is: 

= $ext C/xt H ex t = Xext^ext 

Refold = /efold 11/xt 11/fold = Xefold Refold 

and these terms are added to W pr i m and Wf 0 ia. Parameters are defined in table 19-2, including units as 
used in these equations. 


Table 19-2. Parameters for aircraft- wing weight. 


parameter definition units 


S w wing planform area (theoretical) ft 2 

U w unit weight of wing planform lb/ft 2 

Wsd structural design gross weight lb 

n z design ultimate flight load factor at Wsd g 

A w wing sweep angle deg 

A w wing aspect ratio 

X w wing taper ratio (tip chord/root chord) 

t w wing airfoil thickness-to-chord ratio 

bfoid fraction wing span that folds (0 to 1) 

/fair fairings (fraction total wing weight) 


/sap control surfaces (fraction total wing weight) 

/at fittings (fraction total wing weight) 

/fold fold/tilt (fraction total wing weight) 

C/ex t unit weight of wing extension lb/ft 2 

5/ xt area of wing extensions (span b ext times mean chord Cext) ft 2 

/ e fold wing extension fold/tilt (fraction extension weight) 
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19-2 Rotor Group 

The rotor group consists of: blades, hub and hinge, spinner, and blade fold structure. The blade 
and hub-hinge weights for the AFDD82 model are: 

Wblade = 0.02606JV rotor < i f| e 92 J? 1 - 3371 C 0 - 9959 y t ? E f 682 4^I 9 W blade = Xblade^blade 

™hub = 0. 003722 A^ rotor A r9 1 ^ 97 f? 1 ' 5377 l / t 9 p 4290 l/^ u 1 b 414 (W / blade/^rotor) 0 ‘ 5505 W hub = Xhub^hub 

Based on 37 aircraft, the average error of the blade equation is 7.7% (fig. 19-2). Based on 35 aircraft, 
the average error of the hub equation is 10.2% (fig. 19-3). The blade and hub-hinge weights for the 
AFDD00 model are: 

n mO/MIO / AT atO. 53479 pi. 74231 ,,0.77291 t/0. 87562 2.51048 t tt ... 

^blade — U. UU244lyj tilt ^rotor-** blade ^ ^ •'tip ^blade ^blade — Xblade^blade 

... rv i QQ7n at atO. 16383 d0.19937t/0. 06171 ,,0.46203 (\XT /AT \ 1.02958 ti/ ... 

^hub — U.loO U-A/rotor-**blade ^ M;ip ^hub (.^blade/-** rotor) ^hub — Xhub^hub 

where / t ii t = 1.17940 for tilting rotors; 1.0 otherwise. Based on 51 aircraft, the average error of the 
blade equation is 7.9% (fig. 19-4). Based on 51 aircraft, the average error of the hub equation is 9.2% 
(fig. 19-5). For teetering and gimballed rotors, the flap frequency v should be the coning frequency. The 
fairing/spinner and blade fold weights are: 

Wspin = Xspin 7.3861V rotor I) 2 pin 

ll fuld = Xfold /foldWblade 

The blade weight is for all blades of the rotors. If the weight is evaluated separately for each rotor, then 
/Vrotor = 1 should be used in the equations. Typically /fold = 0.04 for manual fold, and /f 0 i d = 0.28 for 
automatic fold. Parameters are defined in table 19-3, including units as used in these equations. 


Table 19-3. Parameters for rotor weight. 


parameter 

definition 

units 

-^rotor 

number of rotors 


-^blade 

number of blades per rotor 


R 

rotor radius in hover 

ft 

c 

rotor mean geometric blade chord 

ft 

Hip 

rotor hover tip velocity 

ft/sec 

^blade i ^hub 

flap natural frequency (for weight estimate) 

per rev 

-^spin 

spinner diameter 

ft 

/fold 

blade fold weight (fraction total blade weight) 



For lift-offset rotors, the blade and hub weights can be calculated based on the methodology of 
reference 3. The blade and hub-hinge weights are: 


Wbiade = N rotor 0.000041466 w R 3 /(2ht 2 2R ) 

Whub = Nrotor ^0.17153 to ftiVblade 

+ 0.000010543(W b i ade /N rotor )y t ?,t 2fl /J? 
+ 0.081304 w R 2 2hL/t. 2 R ) 


WblatJe \ hladt'd'blade 
Whub = \ hubd'iiub 
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t.2R = T.2RC 


I 0.8 + 0.2A 
V0.5 + 0.5A 


is the blade thickness at 20% R. These equations were developed for the coaxial rotor configuration 
(W rotor = 2). The blade- weight estimate is based on the stiffness required for tip clearance of the two 
rotors. The first two terms in the hub- weight equation account for the structure required to react the hub 
moment and the centrifugal force; the last term accounts for the weight of the main-rotor upper shaft. 
Parameters are defined in table 19-4, including units as used in these equations. 


Table 19-4. Parameters for lift-offset rotor weight. 


parameter 

definition 

units 

Nrotor 

number of rotors 


W SD 

structural design gross weight 

lb 

n z 

design ultimate flight load factor at Wsd 

g 

A 

blade taper ratio (tip chord/root chord) 


T.2R 

blade airfoil thickness-to-chord ratio (at 20 %R) 


c 

blade mean chord 


-^blade 

number of blades per rotor 


h 

coaxial rotor separation (fraction rotor diameter) 


L 

lift offset (M ro n/TR) 


Vtip 

rotor hover tip velocity 

ft/sec 


19-3 Empennage Group 

The empennage group consists of: horizontal tail , vertical tail , tail rotor, and auxiliary thruster. The 
weight model depends on the aircraft configuration. The helicopter or compound model is AFDD82. 
The horizontal tail weight is: 

tiltrotor or tiltwing W ht = XhtSht (O.OOSgSS 1 ^ 2 Vd ive - 0.4885) 

helicopter or compound Wht = XhtO-71763^ 1881 A^f 173 

Based on 13 aircraft, the average error of the helicopter horizontal tail equation is 22.4% (fig. 19-6). 
The vertical tail weight is: 

tiltrotor or tiltwing W vt = x-ut6'-ut(0.00395S , ° t 2 Vdi ve - 0.4885) 

helicopter or compound W vt = XvA AA6Q f tI 441 A°f 332 

where / tr = 1.6311 if the tail rotor is located on the vertical tail; 1.0 otherwise. Based on 12 aircraft, the 
average error of the helicopter vertical tail equation is 23.3% (fig. 19-7). V^ve is the design dive speed, 
calculated or input; Vdi ve = 1.25V max , where V max is the maximum speed at design gross weight and SLS 
conditions. The tail rotor weight is: 

Wtr = Xtrl.3778i?^ 0897 (P DS i imit i?/y tip ) a8951 

Based on 19 aircraft, the average error of the helicopter tail rotor equation is 16.7% (fig. 19-8). The 
auxiliary propulsion weight (as a propeller) is: 


compound, propeller 


W at = Xat0m09A8AN at T 4 t 04771 (T at /A at )-° 07821 
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where T at is at maximum speed, design gross weight, and SLS conditions, calculated or input. Parameters 
are defined in table 19-5, including units as used in these equations. 


Table 19-5. Parameters for tail weight. 


parameter 

definition 

units 

s ht 

horizontal tail planform area 

ft 2 

s vt 

vertical tail planform area 

ft 2 

A-ht 

horizontal tail aspect ratio 


A-vt 

vertical tail aspect ratio 


l^dive 

design dive speed at sea level 

kts 

Rtr 

tail rotor radius 

ft 

-F DSlimit 

drive system rated power 

hp 

R 

main rotor radius in hover 

ft 

F tip 

main rotor hover tip velocity 

ft/sec 

N at 

number of auxiliary thrusters 


T a t 

thrust per propeller 

lb 

Aat 

auxiliary thruster disk area 

ft 2 


19-4 Fuselage Group 


The fuselage group consists of: basic structure; wing and rotor fold/retraction; tail fold/tilt; and 
marinization, pressurization, and crashworthiness structure. The AFDD84 model is a universal body- 
weight equation, used for tiltrotor and tiltwing as well as for helicopter configurations. The AFDD82 
model is a helicopter body-weight equation, not used for tiltrotor or tiltwing configuration. 

For the AFDD84 (UNTV) model, the basic structure weight is 

/ rir \ 0.4879 / x tt \ 0.2075 

w hasic = 25.41/ LGloc / LGret / ramp ^ody 6 ^ 0 ' 1512 

w b 

asic — Xbasic^basic 

where /lgi oc = 1.1627 if the landing gear is located on the fuselage, and 1.0 otherwise; fLGret = 1.1437 
if the landing gear is on the fuselage and retractable, and 1.0 otherwise; /ramp = 1.2749 if there is a cargo 
ramp, and 1.0 otherwise. Based on 35 aircraft, the average error of the body equation is 6.5% (fig. 19-9). 
The tail fold, wing and rotor fold, marinization, pressurization, and crashworthiness weights are: 


^tfold ft fold ail 

^wfold = /wfold (Bowing “1“ B^tip) 

^mar = /marB^basic 
^press = /press B^basic 

^cw = /cw(B^basic “1" Wtfold l^wfold ”1“ B^mar + Wp ress ) 


B^tfold Xtfold^tfold 
B^wfold = Xwfold^wfold 
ffmar — Xmar^mar 
Impress = Xpress^press 
Wcw = Xcw^cw 


Typically / t f 0 id = 0.30 for a folding tail, and /cw = 0 . 06 . For wing folding the weight on the wing tip 
(Wtip) is required (calculated as for the wing group). Parameters are defined in table 19-6, including 






AFDD Weight Models 
units as used in these equations. 


155 


Table 19-6. Parameters for fuselage weight (AFDD84 model). 


parameter 

definition 

units 

Wmto 

maximum takeoff weight 

lb 

Wsd 

structural design gross weight 

lb 

$body 

wetted area of body 

ft 2 

R 

main rotor radius 

ft 

n z 

design ultimate flight load factor at Wsd 

g 

i 

/tfold 

/wfold 

Wt* 
Wowing + 

/mar 

/press 

/cw 

length of fuselage 

tail fold weight (fraction tail weight) 

wing and rotor fold weight (fraction wing/tip weight) 

tail group weight 

wing group weight plus weight on wing tip 
marinization weight (fraction basic body weight) 
pressurization (fraction basic body weight) 
crashworthiness weight (fraction fuselage weight) 

ft 


For the AFDD82 (HELO) model, the basic structure weight is 

/tt r \ 0.4908 

^basic = 5.896/ ramp J U*™* 

W h asic — Xbasic^basic 

where / ram p = 1.3939 if there is a cargo ramp, and 1.0 otherwise. Based on 30 aircraft, the average error 
of the body equation is 8.7% (fig. 19-10). The tail fold, wing and rotor fold, marinization, pressurization, 
and crashworthiness weights are: 


^tfold = /tfold ^basic 

Wtfold = Xt fold fold 

^wfold = /wfold (^basic “1“ ^tfold) 

^wfold = Xwfold^wfold 

^mar /mar^basic 

^mar Xmar^mar 

^press = /press ^basic 

^press = Xpress^press 

^cw = /cw(^basic “1“ ^tfold “1“ ^wfold H” ^mar “1" ^press) 

Wcw = Xcw^cw 


Typically / t f 0 id = 0.05 for a folding tail, and / cw = 0.06. Parameters are defined in table 19-7, including 
units as used in these equations. 


Table 19-7. Parameters for fuselage weight (AFDD82 model). 


parameter 

definition 

units 

Wmto 

maximum takeoff weight 

lb 

*^body 

wetted area of body 

ft 2 

R 

main rotor radius 

ft 

n z 

design ultimate flight load factor at W SD 

g 

£ 

/tfold 

/wfold 

/mar 

/press 

few 

length of fuselage 

tail fold weight (fraction basic structure) 

wing and rotor fold weight (fraction basic structure and tail fold) 
marinization weight (fraction basic body weight) 
pressurization (fraction basic body weight) 
crashworthiness weight (fraction fuselage weight) 

ft 
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19-5 Alighting Gear Group 

The alighting gear group consists of: basic structure, retraction, and crashworthiness structure. 
There are two models, parametric (AFDD82) and fractional. The basic landing gear weight is: 

parametric w LG = 0.4013 W^% 2 N° L f e0 {W/S) 01525 

fractional w LG = f lgWmto 

and Wlg = Xlgwlg ■ Typically Jlg = 0.0325 (fractional method). Based on 28 aircraft, the average 
error of the parametric equation is 8.4% (fig. 19-11). The retraction and crashworthiness weights are: 

WLGret = f LGretW LG W L Gret = XLGret^LGret 

WlGcw = fLGcAWLG + WLGret) WlGcw = XLGcw^LGcw 

Typically /LGret = 0.08, and /lgcw = 0.14. Parameters are defined in table 19-8, including units as used 
in these equations. 


Table 19-8. Parameters for landing-gear weight. 


parameter 

definition 

units 

Wmto 

maximum takeoff weight 

lb 

Ilg 

landing gear weight (fraction maximum takeoff weight) 


W/S 

wing loading (1 .0 for helicopter) 

lb/ft 2 

Nlg 

number of landing gear assemblies 


fLGret 

retraction weight (fraction basic weight) 


/lGcw 

crashworthiness weight (fraction basic and retraction weight) 



19-6 Engine Section or Nacelle Group and Air Induction Group 

The engine section or nacelle group consists of: engine support structure, engine cowling, and 
pylon support structure. The weights (AFDD82 model) are: 

w supt = XsuptO. 0412(1 - / airi „d)(W eilg /Ar eilg ) 1 1433 N e ] n 3 g 762 
W cow i = Xcowi0.2315S 4 a 3476 

Wpylon = X pylon /pylon WjVfTO 

Based on 12 aircraft, the average error of the engine-support equation is 1 1 .0% (fig. 19-12). Based on 
12 aircraft, the average error of the engine-cowling equation is 17.9% (fig. 19-13). The air induction 
group weight (AFDD82 model) is: 

W airind = Xairind0.0412/ airind (W eng /A r eng ) 1 ' 1433 TV e 1 n 3 g 762 

Typically / a irind = 0.3 (range 0.1 to 0.6). Based on 12 aircraft, the average error of the air induction 
equation is 11.0% (fig. 19-14). Parameters are defined in table 19-9, including units as used in these 
equations. 
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Table 19-9. Parameters for engine section, nacelle, and air induction weight. 


parameter 

definition 

units 

Wmto 

maximum takeoff weight 

lb 

w eng 

weight all main engines 

lb 

-^eng 

number of main engines 


Q 

u nac 

wetted area of nacelles and pylon (less spinner) 

ft 2 

/airind 

air induction weight (fraction nacelle plus air induction) 


/pylon 

pylon support structure weight (fraction Wmto ) 



19-7 Propulsion Group 

The propulsion group consists of the engine system, fuel system, and drive system. 

19-7.1 Engine System 

The engine system consists of the main engines, the engine-exhaust system, and the engine acces- 
sories. The engine-system weights are: 

Weng = Xeng-^eng Wone eng 

Wexh = XexhW e ng(W()exh "h Wj exh R) 

= Xacc2.0088/ lub (We ng /iV eng ) 0 - 5919 Ar e 0 4 858 

where /i ub = 1.4799 if the accessory weight includes the lubrication system weight, 1.0 if the lubrication 
system weight is in the engine weight. The exhaust-system weight is per engine, including any IR 
suppressor. The accessory-weight equation is the AFDD82 model. Based on 16 aircraft, the average 
error of the accessories equation is 11.5% (fig. 19-15). Parameters are defined in table 19-10, including 
units as used in these equations. 


Table 19-10. Parameters for engine-system weight. 


parameter 

definition 

units 

^eng 

number of main engines 


P 

-^-Oexhj -^lexh 

installed takeoff power (SLS static, specified rating) per engine 
engine exhaust weight vs. power, constants 

hp 


19-7.2 Propeller/Fan Installation 

The rotor group equations are used for propellers. 

19-73 Fuel System 

The fuel system consists of tanks and support structure (including fuel tanks, bladders, supporting 
structure, filler caps, tank covers, and filler material for void and ullage), and fuel plumbing (including 
fuel-system weight not covered by tank weight). The fuel-system weights (AFDD82 model) are: 

W tank = Xtank 0.4341C < 1 0 nt 7717 Af n f 97 /cw/bt 9491 

fkplumb = Xplumb [-Koplumb + -^1 plumb (0.01iV p l umb + 0.067V eng ) (F/A r eng )°' 866 ] 
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where / cw = 1.3131 for ballistically survivable (UTTAS/AAH level) and 1.0 otherwise. The ballistic 
tolerance factor = 1.0 to 2.5. The fuel flow rate F is calculated for the takeoff power rating at static 
SLS conditions; typically Aopiumb = 120 and Ki p i nmh = 3. Based on 15 aircraft, the average error of the 
fuel tank equation is 4.6% (fig. 19-16). Parameters are defined in table 19-11, including units as used in 
these equations. 


Table 19-11. Parameters for fuel-system weight. 


parameter 

definition 

units 

N int 

number of internal fuel tanks 


Cint 

internal fuel tank capacity 

gallons 

fbt 

ballistic tolerance factor 


•^plumb 

total number of fuel tanks (internal and auxiliary) for plumbing 


N 

iV eng 

number of main engines 


^-Oplumb) -^1 plumb 

plumbing weight, constants 


F 

fuel flow rate 

lb/hr 


19-7.4 Drive System 

The drive system consists of gear boxes and rotor shafts, drive shafts, and rotor brake. This 
distribution of drive-system weights is based on the following functional definitions. Gearboxes are 
parts of the drive system that transmit power by gear trains, and the structure that encloses them. Rotor 
shafts are the structure (typically a shaft) that transmits power to the rotor. Drive shafts are the structure 
(typically a shaft) that transmits power in the propulsion system, but not directly to the rotor or by a gear 
train. The rotor brake weight encompasses components that can prevent the rotor from freely turning. 
The gear-box and rotor-shaft weights for the AFDD83 model are: 

w gbrs = 57.72PQ|( i ^® it /Q 0680 A r g [ ; 0663 (n en g/1000) 0 ‘ 0369 /fl” o ®„J 9 

= Xgb ( 1 frs'j'Wgbrg 

Wrs = Xrsfrs'Wgbrs 


Based on 30 aircraft, the average error of the gear-box and rotor-shaft equation is 7.7% (fig. 19-17). The 
gear-box and rotor-shaft weights for the AFDD00 model are: 

qc TfioA /vrO. 38553 p0. 78137 q0. 09899 /q0. 80686 

Wgb r-s — 90. mj4iV rotor -f£)Siimit Si eng /“rotor 

ft)/ 6 = Xgb ( 1 frs'j'Wgbrs 

Wrs = Xrsfrs’Wgbrs 


Based on 52 aircraft, the average error of the gear-box and rotor-shaft equation is 8.6% (fig. 19-18). 
Typically f rs = 0.13 (range 0.06 to 0.20). Parameters are defined in table 19-12, including units as used 
in these equations. 

The drive-shaft (AFDD82 model) and rotor-brake weights are: 

= Xdsl-166(553s^ it a;hub 55 /Vj 5 3909 (0.01/p) 0 ' 2693 

W rb = Xrfc0.000871Wblade(0.01F tip ) 2 
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where fp = /gfi other A^mam- Based on 28 aircraft, the average error of the drive-shaft equation is 16.0% 
(fig. 19-19). Based on 23 aircraft, the average error of the rotor-brake equation is 25.1% (fig. 19-20). 
The clutch weight in the weight statement is associated with an auxiliary power unit, and is a fixed input 
value. The conventional rotor drive-system clutch and free-wheeling device weights are included in the 
gear-box and rotor-shaft weight equations. Parameters are defined in table 19-13, including units as 
used in these equations. 

Typically /p = /q = 60% for twin main rotors (tandem, coaxial, and tiltrotor); for a single main 
rotor and tail rotor, f Q = 3% and f P = 15% (18% for 2-bladed rotors). 


Table 19-12. Parameters for drive-system weight. 


parameter 

definition 

units 

-^DiSlimit 

drive system rated power 

hp 

iVrotor 

number of main rotors 


N gh 

number of gear boxes 


^rotor 

main rotor rotation speed 

rpm 

Q en g 

engine output speed 

rpm 

/q 

second (main or tail) rotor rated torque 

(fraction of total drive system rated torque) 

% 

fra 

rotor shaft weight (fraction gear box and rotor shaft) 


Table 19-13. Parameters for drive shaft and rotor brake weight. 


parameter 

definition 

units 

^DSlimit 

-^DSlimit / ^rotor 

hp/rpm 

N ds 

number of intermediate drive shafts 


^ hub 

length of drive shaft between rotors 

ft 

fp 

second (main or tail) rotor rated power 

(fraction of total drive system rated power) 

% 

Ki P 

main rotor tip speed 

ft/sec 


19-8 Flight Controls Group 

The flight controls group consists of cockpit controls, automatic flight control system, and system 
controls. W c c and W a / cs weights are fixed (input). System controls consist of fixed-wing flight controls, 
rotary-wing flight controls, and conversion (rotor tilt) flight controls. The weight equations model 
separately non-boosted controls (which do not see aerodynamic surface or rotor loads) , boost mechanisms 
(actuators), and boosted controls (which are affected by aerodynamic surface or rotor loads). The load 
path goes from pilot, to cockpit controls, to non-boosted controls, to boost mechanisms, to boosted 
controls, and finally to the component. 

Fixed-wing flight controls consist of non-boosted flight controls and flight-control boost mecha- 
nisms. The weights are: 

full controls w = 0.910001T° f ^ o 

only stabilizer controls w = 0.01735 Wj^f^ 45 ^ 40952 
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and then 

WFWnb = XFWnbfFWnb w 
WFWmb = XFWmb( 1 ~ fFWnb) W 

For a hehcopter, the stabihzer-control equation is used. Parameters are defined in table 19-14, including 
units as used in these equations. 


Table 19-14. Parameters for fixed-wing flight-control weight. 


parameter 

definition 

units 

s ht 

horizontal tail planform area 

ft 2 

Wmto 

maximum takeoff weight 

lb 

fFWnb 

fixed wing non-boosted weight 

(fraction total fixed wing flight control weight) 



Rotary-wing flight controls consist of non-boosted flight controls, flight-control boost mechanisms, 
and boosted flight controls. The non-boosted flight-control weight (AFDD82 model) is: 

fraction method W RW nb = XRWnbfRWnbft - fRWhyd)Wf c 

parametric method W RWnb = XRWnbZ-l^fnbsyW^^N^ 5 

where f nbav = 1.8984 for ballistically survivable (UTTAS/AAH level); 1.0 otherwise. The parametric 
method assumes the rotor flight controls are boosted and computes the weight of the non-boosted portion 
up to the control actuators. Based on 20 aircraft, the average error of the non-boosted flight controls 
equation is 10.4% (fig. 19-21). The flight-control boost-mechanism weight and boosted flight-control 
weight (AFDD82 model) are: 

w fc = ()-2873/ m 5 s „(A r rotor A r b l ade ) 0 ' 6257 C 1 ' 3286 (0.0114i P ) 21129 /HVVred 

W RW mb = XRWmb{ 1 “ f RWhyd)Wf c 

W RW b = Xfwij04)2324/ 6s „(A r rotor iV bMe ) ltltl42 Af r 0 ot 1 o 1 ; 55 c 2 ' 22n6 (0.01 F tip ) 31877 

where f m bav = 1 3029 and f bsv = 1.1171 for ballistically survivable (UTTAS/AAH level) and 1.0 other- 
wise; and f R w red = 1.0 to 3.0. Typically f R wnb = 0.6 (range 0.3 to 1.8) and iWhyd = 0.4. Based on 21 
aircraft, the average error of the boost-mechanisms equation is 6.5% (fig. 19-22). Based on 20 aircraft, 
the average error of the boosted flight-controls equation is 9.7% (fig. 19-23). Parameters are defined in 
table 19-15, including units as used in these equations. 


Table 19-15. Parameters for rotary- wing flight-control weight. 


parameter 

definition 

units 

Wmto 

maximum takeoff weight 

lb 

-^Yrotor 

number of main rotors 


-^blade 

number of blades per rotor 


C 

rotor mean blade chord 

ft 

Uip 

rotor hover tip velocity 

ft/sec 

fRWnb 

rotary wing non-boosted weight (fraction boost mechanisms weight) 


f RWhyd 

rotary wing hydraulics weight 

(fraction hydraulics plus boost mechanisms weight) 


f RW red 

flight control hydraulic system redundancy factor 









AFDD Weight Models 


161 


The conversion controls consist of non-boosted tilt controls and tilt-control boost mechanisms; they 
are used only for tilting-rotor configurations. The weights are: 

WCVmb = fcVmbWMTO WcVmb = XCVmbWCVmb 

WCVnb = fcVnbWcVmb WcVnb = XCVnbWCVnb 

Parameters are defined in table 19-16, including units as used in these equations. 


Table 19-16. Parameters for conversion-control weight. 


parameter 

definition 

units 

Wmto 

fcVnb 

fcVmb 

maximum takeoff weight 

conversion non-boosted weight (fraction boost mechanisms weight) 
conversion boost mechanisms weight (fraction maximum takeoff weight) 

lb 


19-9 Hydraulic Group 



The hydraulic group consists of hydraulics for fixed-wing flight controls , rotary- wing flight controls , 
conversion (rotor tilt) flight controls, and equipment. The hydraulic weight for equipment, WEQhud, is 
fixed (input). The weights (AFDD82 model) are 


W FW hyd = XFWhydfFWhydWFWmb 
WWhyd = XflWhydfllWhydWfc 
Wcv hyd = XCFhydfcVbydWcVmb 

Typically / H vvhyd = 0.4. Parameters are defined in table 19- 17, including units as used in these equations. 
Table 19-17. Parameters for hydraulic group weight. 

parameter definition units 

/ fw hyd fixed wing hydraulics weight (fraction boost mechanisms weight) 

f rw hyd rotary wing hydraulics weight 

(fraction hydraulics plus boost mechanisms weight) 
fcv hyd conversion hydraulics weight (fraction boost mechanisms weight) 


19-10 Anti-Icing Group 

The anti-icing group consists of the electrical system and the anti-ice system. The weights are 
obtained from the sum over all rotors, all wings, and all engines: 


lect X.DIelect ^ ^ ^elec-^blade 

Wo/syg = XDIsys (£ ^rotor-^blade ^ ^ &wing^wing “1“ &air E W - g ) 


Parameters are defined in table 19-18, including units as used in these equations. 
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Table 19-18. Parameters for anti-icing group weight. 


parameter 

definition 

units 

^blade 

total blade area of rotor, from geometric solidity 

ft 2 or m 2 

*-wing 

wing length (wing span less fuselage width) 

ft or m 

Select 

electrical system weight factor 


^rotor 

rotor deice system weight factor 


&wing 

wing deice system weight factor 


h • 

"'air 

engine air intake deice system weight factor 



19-11 Other Systems and Equipment 


The following weights are fixed (input) in this model: auxiliary power group; instruments group; 
pneumatic group; electrical group; avionic group (mission equipment); armament group (armament 
provisions and armor); furnishing and equipment group; environmental control group; and load and 
handling group. Typical fixed weights are given in table 19-19, based on medium to heavy helicopters 
and tiltrotors. 


Table 19-19. Other systems and equipment weight. 


group 

typical weight (lb) 

SYSTEMS AND EQUIPMENT 


flight controls group 


cockpit controls 

100-125 

automatic flight control system 

35-200 

flight control electronics, mechanical 

35-100 

flight control electronics, fly-by-wire 

250 

auxiliary power group 

130-300 

instruments group 

150-250 

hydraulic group 


equipment 

50-300 

electrical group 

400-1000 

avionics group (mission equipment) 

400-1500 

furnishings & equipment group 

600-1000 

crew only 

100-200 

environmental control group 

50-250 

anti-icing group 

50-300 

load & handling group 


internal 

200^400 

external 

150-300 

FIXED USEFUL LOAD 


crew 

500-800 

fluids (oil, unusable fuel) 

50-150 
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19-12 Folding Weight 

Folding weights are calculated in a number of groups: wing Wf Q id (including extensions), rotor 
Wfoia , fuselage Wtfoid and W w f 0 id • These are the total weights for folding and the impact of folding on 
the group. A fraction /foidkit of these weights can be in a kit, hence optionally removable. Thus of the 
total folding weight, the fraction /foidkit is a kit weight in the fixed useful load of the weight statement; 
while the remainder is kept in the wing, rotor, or fuselage group weight. 

19-13 Parametric Weight Correlation 

Figure 19-24 shows the error of the calculated weight for the sum of all parametric weight, account- 
ing on average for 42% of the empty weight. This sum is composed of the structural group (based on 
the AFDDOO equation for rotor blade and hub weights, and the AFDD84 equation for body weight), the 
propulsion group (based on the AFDDOO equation for drive system weight), and the flight controls group. 
Based on 42 aircraft, the average error of the sum of all parametric weight is 5.3%. The corresponding 
average error is 6.1% for the structural group (8.6% for the rotor group alone), 10.9% for the propulsion 
group, and 8.7% for the flight controls group. 

19-14 References 

1) Chappell, D.; and Peyran, R.: Methodology for Estimating Wing Weights for Conceptual Tilt-Rotor 
and Tilt- Wing Aircraft. SAWE Paper No. 2107, Category No. 23, May 1992. 

2) Chappell, D.P.: Tilt-rotor Aircraft Wing Design. ASRO-PDT-83-1, 1983. 

3) Weight Trend Estimation for the Rotor Blade Group, Rotor Hub Group, and Upper Rotor Shaft of the 
ABC Aircraft. ASRO-PDT-83-2, 1983. 
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actual weight 


Figure 19-3. Rotor group, hub weight (AFDD82). 



actual weight 


Figure 19-4. Rotor group, blade weight (AFDDOO). 
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O using actual blade weight 
+ using calculated blade weight 



actual weight 


Figure 19-5. Rotor group, hub weight (AFDDOO). 



Figure 19-6. Empennage group, horizontal tail weight (AFDD82). 
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actual weight 


Figure 19-9. Fuselage group, fuselage weight (AFDD84). 



0. 5000. 10000. 15000. 20000. 25000. 30000. 

actual weight 

Figure 19-10. Fuselage group, fuselage weight (AFDD82). 
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actual weight 


Figure 19-11. Alighting gear group, landing gear weight (AFDD82). 



0. 50. 100. 150. 200. 250. 300. 


actual weight 

Figure 19-12. Engine section or nacelle group, engine support weight (AFDD82). 



error (%) error (%) 
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Figure 19-13. Engine section or nacelle group, cowling weight (AFDD82). 



actual weight 


Figure 19-14. Air induction group, air induction weight (AFDD82). 
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Figure 19-15. Propulsion group, accessories weight (AFDD82). 



Figure 19-16. Propulsion group, fuel tank weight (AFDD82). 



error (%) error (%) 
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actual weight 


Figure 19-17. Propulsion group, gear box and rotor shaft weight (AFDD83). 



actual weight 


Figure 19-18. Propulsion group, gear box and rotor shaft weight (AFDDOO). 
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actual weight 


Figure 19-19. Propulsion group, drive shaft weight (AFDD82). 



Figure 19-20. Propulsion group, rotor brake weight. 
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Figure 19-21. Flight controls group, rotor non-boosted control weight (AFDD82). 
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Figure 19-22. Flight controls group, rotor boost mechanisms weight (AFDD82) 
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Figure 19-23. Flight controls group, rotor boosted control weight (AFDD82). 
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Figure 19-24. Sum of all parametric weight. 
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